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FOREWORD 


This  report  was  prepared  under  Air 
Force  Contract  Number  AF  08(635)  -  T1  68, 
Project  3811,  (U)  "Lenticular  Rockets," 

The  work  was  administered  initially  under 
the  direction  of  the  Directorate  of  Develop¬ 
ment,  APGC,  and  completed  under  the 
guidance  of  Detachment  4,  Hq  Aeronautical 
Systems  Division  at  Eglin  Air  Force  Base, 
Florida. 

This  document,  except  the  title,  is 
classified  SECRET  in  accordance  with  AFR 
205-1,  paragraph  10b,  because  of  the  nature 
and  potential  military  application  of  the 
research  work  and  data  described  herein, 
and  NOT  RELEASABLE  TO  FOREIGN 
NA  TIONALS  in  accordance  with  AFDCMI  56, 


.  ABSTRACT 

Feasibility  studies  were  conducted 
of  a  circular  planform,  modified  lenti¬ 
cular  cross  section  vehicle.  The  results 
of  these  studies  form  the  basis  for  the 
ultimata  fabrication  and  flifht  test  of 
vehicles  to  prove  the  omnidirectional 
launch,  stability  and  control,  and 
maneuver  capability  of  the  basic  concept. 

Wind  tunnel  tests  were  conducted  over 
the  Mach  number  ranpe  of  0.6  to  5  and 
for  yaw  anples  from  0  to  160  degrees. 

Force  and  moment  data  were  obtained  as 
well  as  pressure  distidbutions  (in¬ 
cluding  the  effects  of  reaction  control 
jets). 


The  complete  task  is  reported  in 
three  voliunes:  Volume  I — Samnary, 

Volume  II — ^Aerodynamics,  and  Volume  III- 
-Confipuration  and  Autopilot/Control. 


THIS  ABSTRACT  IS  CLASSIFIED  SECRET 
e9rd9  with  Bn  unctassiHod  abstract 
may  ba  found  at  Iho  back  oi  thta  pubtlcatton. 
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Section  1.0 
INl’RODUCTIGN 


1.1  HISTORy 

The  lenticular  configuration  concept  oripinated  with  the  Technical 
Planning  Group,  formerly  of  the  Directorate  of  Development  of  the  Air 
Proving  Ground  Center,  nov;  of  Detachment  ii  of  Wright  Air  Development 
Division,  Target  and  Armament  Development  Directorate,  Eglin  Air  Force 
Base,  Florida.  This  group  conducted  a  preliminary  in-house  study  on  the 
feasibility  of  lenticular  rockets.  Parameters  for  a  bi-convex  cross- 
section,  circular  planform  configuration  were  chosen  and  feasibility 
calculations  were  made.  Data  obtained  from  these  theoretical  analyses, 
aufTiented  by  vdnd  tunnel  data  obtained  in  Tunnel  E-1  of  the  Gas  Dynamics 
Facility,  Arnold  Engineering  Developneht  Center,  indicated  a  possibility 
for  advanced  missile  applications  for  both  offensive  and  defensive  roles. 

The  results  of  this  study  indicated  that  a  circular  planform  configuration 
can  offer  an  efficient  aerodynamic  con fi/ai ration  of  very  high  maneuver 
capability. 

As  a  result  of  this  effort,  a  request  for  a  proposal  was  issued  by 
the  Directorate  of  Procurement  of  the  Air  Proving  Ground  Center,  This 
request  concerned  a  study  program  whose  purpose  was  the  evaluation  of  the 
technical  feasibility  of  the  lenticular  configuration  as  a  potentially 
significant  advance  in  airborne  weaponry.  Particular  emphasis  was  placed 
on  the  detetnination  of  those  characteristics  of  the  circular  planform 
pertaining  to  fli.")it  chnractqristics,  stability,  control  and  maneuverability 
4  Airther  objective  of  the  study  was  to  establish  the  design  feasibility 
of  the  configuration  as  a  potential  airborne  v;capon. 

A  contract  (AF  08(635’) was  awarded  to  Convair-Pomona  in  June, 

1959  v.'hose  purpose  was  the  evaluation  of  the  configuration  aerodynamically, 
and  the  establishment  of  the  design  feasibility  for  airborne  weapon 
applications.  As  a  result  of  the  Phase  I  study,  an  improved  cross  section 
sivape  was  deterriined  for  use  with  a  circular  planform.  The  improved 
csnfiprration,  designated  Model  III,  has  the  maximum  thickness  located  at 
the  extreme  aft  end.  The  major  aerodynamic  advantage  exhibited  by  Model 
III  over  the  basic  symmetrical  lenticular  configuration  is  a  re.mrv.'ard 
shift  of  center  of  p/essure.  'IMs  rearward  shift  of  center. of  press'ire 
greatly  simplifies  the  problem  of  controlling  the  missile  in  flight. 

Another,  advantage  shovm  in  Phase  I, was  the  supersonic  drag  reduction 
associated  with  the  blunt  trailing  edge  of  Model.  Ill,  The  decreased 

Yi  npt 

-Liy 
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drag  results  in  a  higher  lift-drag  ratio,  and  in  turn,  an  increased 
range  and  maximum  speed.  In  short,  the  Phase  I  configuration  is 
feasible  as  a  design  for  airborne  weapons. 

Analyses,  experimentation,  and  laboratory  simulations  are  useful 
in  the  determination  of  concepts,  and  are  necessary  in  the  establish¬ 
ment  of  a  design  that  can  be  fabricated  into  a  vehicle.  However, 
they  cannot  furnish  the  final  evidence  of  the  practicality  of  a 
concept.  This  can  only  be  firmly  established  by  a  flight ’test  pro¬ 
gram.  As  a  result,  recommendations  made  during  Phase  I  included 
a  flight  test  program  for  the  practical  demonstration  of  (l)  sta¬ 
bilized,  controllable  flight,  and  (2)  omnidirectional  launch  capa¬ 
bility.  It  was  recommended  that  off-the-shelf  components  be  utilized 
in  the  flight  test  program  in  order  to  minimiae  the  time  and  funds 
required  to  prove  the  concept. 

1.2  OBJECTIVE 

At  the  conclusion  of  the  Phase  I  stady,  Convair-Pomona  was 
awarded  a  Phase  II  contract,  AF  08(63^^-1168,  for  the  necessary 
studies  to  permit  future  design  and  successful  flight  of  vehicles 
launched  from  a  high-speed  rocket-sled.  The  studies  to  be  conducted 
were  both  theoretical  and  experimental  in  nature.  Eighty  hours 
of  wind  tunnel  time  were  provided  for  use  in  determining  the  PYE 
WACKET  aerodynamic  characteristics  between  Hach  numbers  of  0.6  and 
5.0.  This  volume  presents  the  result"  of  the  aerodynamic  studies 
conducted  during  the  Phase  II  PYE  WACKET  program. 
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Section  2.0 
RESULTS  AND  DISCUSSION 


2.1  CONFIGURATION  GEOMETRY 

Two  feaaiblo-design  configurations  wore  described  in  the  PYE 
WACKET  Phase  I  Feasibility  Study,  Reference  5.1»  These  configurations 
have  circular  planforras  with  a  blunt  trailing  edge  and  circular  arc 
cross-section.  Both  configurations  are  60  inches  in  diameter  with 
one  having  a  thickness-to-chord  ratio  of  0.21  and  the  other  0.14* 
Figure  2.1.1  is  a  sketch  of  the  21  percent  thick  configuration. 

The  Feasibility  Test  Vehicle  (FTV)  configuration  selection, 
developed  in  Volume  III  of  this  report,  is  shown  in  Figure  2.1.2. 

The  overall  dimensions  are  identical  to  the  protot^-pe  configuration 
with  a  thickness-to-chord  ratio  of  0.21.  However,  the  base  geometry 
was  modified  to  accommodate  the  three  rocket  motors.  This  modifi¬ 
cation  consisted  primarily  of  a  lateral  slot  across  the  aft  end  of 
the  vehicle  at  the  exit  plane  of  the  rocket  motor  nozzles.  The  two 
wind  tunnel  models  were  fabricated  to  the  same  configuration.  As 
the  studies  progressed  and  wind  tunnel  results  became  available,  it 
was  evident  that  the  slot  produced  certain  undesirable  effects.  The 
wind  tunnel  data  are  reported  for  the ‘configuration  tested;  however, 
later  studies  showed  that  the  basic  vehicle  arrangement  could  be 
retained  even  though  the  slot  was  deleted.  Test  vehicle  fabrication 
in  a  follow-on  phase  will  be  based  on  the  configuration  most  likely 
to  produce  successful  flights  (i.e,  no  lateral  slot). 

A  detailed  drawing  and  a  weight  and  balance  statement  are  pre¬ 
sented  in  Vol\im*  III  of  this  report. 

2.2  BASIC  STUDIES 

2.2.1  THEORETICAL  AER0DYNA'’uC3  From  the  work  of  Linnell, 
Reference  5*2,  the  characteristics  of  hypersonic,  two-dimensional 
airfoils  were  established.  These  showed  the  lift  and  drag  character¬ 
istics  to  be  a  function  of  airfoil  thickness,  a  hypersonic  similarity 
parameter,  and  the  specific  heat  ratio.  This  work  was  based  on 
shock  expansion  theory  combined  with  n^.-personic  similarity  relations. 
Dorrance,  Reicrence  5.3>  in  his  work  extended  the  field  by  showing 
that  the  e;cpre33ion3  for  expansion  and  compression  are  almost  identical 
wrien  the  hypersonic  similarity  parameter,  H  S  ,  is  less  than  one. 

The  main  contribution  was  the  conclusion  that  compression,  from  the 
Rankine-Hugoniot  relation,  and  expansion,  from  the  Prandtl-Meyer 
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relation,  provided  the  same  three  first  terms  of  a  power  series  in 
H  J"  •  This  inrvediatcly  allowed  a  closed  form  solution  to  bo 
obtained  for  lift,  drag  and  moment  coefficients.  These  solutions 
apply  over  hypersonic  Mach  numbers  between  3  and  12.  The  method  was 
applied  to  12  airfoil  sections  ranging  from  a  flat  plate  to  a  com¬ 
bination  of  parabolic  arcs  and  flat  surfaces.  The  results  are  two- 
dimensional  and  apply  only  for  a  value  of  M  iT  between  0  and  1.  The 
angle  of  attack,  oc  j  is  limited  to  a  maximum  value  based  on  the 
hypersonic  sinilarity  parameter,  M  <r  •  This  is  expressed  in 
terms  of  the  free  stream  Mach  number  and  the  local  slope  of  the 
airfoil  surface. 


(2.2.1) 


The  convenience  of  the  closed  form  made  the  use  of  this  theoretical 
method  most  attractive  in  this  study.  Further,  the  range  of  appli¬ 
cable  Mach  numbers  and  angles  of  attack  is  suitable  for  this  appli¬ 
cation. 

In  order  to  make  more  accurate  theoretical' estimates,  the  two- 
dimensional  characteristics  predicted  by  Dorrance  wore  modified  to 
account  for  planfora.  This  process  is  essentially  a  modification 
of  the  two  dimensional  coefficients  to  account  for  the  average 
sweep  over  a  section  of  the  circular  planforra.  From  Reference  5»4, 
for  small  angles  of  attack,  the  following  relations  are  derived 
for  swept  and  unswept  wings. 


s 

COS 

(2.2.2) 

II! 

cos^y\. 

(2.2.3) 

Exorassed  more  simply,  the  lix't  coefficient  of  a  swept  wing  may  be 
approximated  by  .xodifying  the  lift  coefficient  of  the  unswept  wing 
by  the  cosine  sauared  of  the  angle  of  sweep.  The  drag  coefficient 
ma^'  be  approximated  by  multiplying  the  pressure  drag  by  the  cosine 
cubed  of  the  sweep  angle.  It  is.  important  that  friction  and  base 
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drag  be  removed  from  the  total  drag  before  performing  this  modifi¬ 
cation.  In  the  exact  relations,  a  variation  with  angle  of  attack 
is  indicated.  For  regions  in  which  cos  oc  ^  i,  the  above  relations 
yield  close  agreement.  From  the  above  relations,  the  following 
corrections  to  Dorr^co^s  two-dimensional  coefficients  were  derived; 
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(2.2. Ii) 


This  correction  enables  the  values  of  normal  force  coefficient 
obtained  from  Corrance’s  work  to  be  applied  to  a  circular  planform. 
By  similar  derivation,  the  values  for  the  wave  drag  result  in  the 
follo’wing  relation; 
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which,  for  this  application,  results  in  the  follcwing  expression* 


o.<i>d  C 


(2.2.6) 


A  comparison  of  theoretical  values  obtained  using  Dorrance’s  work 
and  the  above  relations  is  shown  jn  Figures  2,2,1  through  2.2.5. 

In  Figures  2,2.1  to  2.2,3,  a  comparison  is  made  of  normal  force 
coefficients  from  experimental  and  theoretical  sources.  As  can  be 
seen,  the  comparison  is  excellent.  In  no  case  is  the  difference 
greater  than  ten  percent.  This  indicates  that  Dorrance's  data  combined 
with  a  planform  correction  does  yield  excellent  results.  Figure 
2,2, h  compares  the  wave  drag  coefficients  obtained  theoretically  and 
experimentally.  The  ccanparlson  is  fair,  with  the  theoretical  results 
approximately  lowei-  than  the  experimental  results.  It  might  be 
well  to  qualify  the  values  shown  in  the  theoretical  curve.  These 
were  obtained  by  modifying  Dorrance's  wave  drag  coefficients  for 
planform  and  adding  an  increment  in  drag  for  the  blunted  leading  edge. 
This  incremental  Vr.lue  for  leading  edge  drag  amounted  to  0.0085  at 
all  the  Mach  numbers. 

• 

Figure  2.2,5  presents  a  comparison  of  center  of  pressure  locations 
between  jixperlmenbal  data  and  values  computed  using  Dorrance's  work. 

As -inilicated,  the  values  obtained  using  Dorrance's  work  are  reasonably 
correct  in  magnitude,  but  have  a  forward  movement  with  increasing 
Mach  number.  As  a  supplement,  linear  theory  is  included.  The  experi¬ 
mental  data  fal'.c  in  between  the  values  indicated  by  linear  theory  and 
Dorrance's  work,  - 

The  results  presented  in  Figures  2,2,1  through  2,2.5  show  that 
theoretical  methods  can  predict  reasonable  values  for  normal  force, 
wave  drag,  and  center  of  pressure.  The  values  for  center  of  pressure 
shew  the  greatest  inaccuracy. 
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2.2.2  YAW  MOMENT  ORIGIN  One  of  the  major  advantagee  of  the 
PYS  WACKET  concept  is  the  omnidirectional  launch  capability.  Omni¬ 
directional  launch  capability  is  the  ability  to  launch  In  any 
direction  f ran  the  parent  aircraft.  Launch  procedures  of  this  type 
require  that  the  missile  heading  reraain  constant  throughout  the 
launch  phase.  To  satisfy  the  above  requiranents,  reaction  jets  are 
used  to  overcome  the  aerodynamic  yawing  moment.  In  order  to  reduce 
hardware  and  propellant  weights,  the  reaction  jets,  and  hence,  the 
aerodynamic  yawing  moment,  must  be  as  small  as  possible.  In  order 
to  reduce  the  aerodynamic  yawing  moment,  the  nature  of  the  airflow 
producing  the  yawing  moment  must  be  understood. 

The  blunt  base  of  the  proposed  PYE  WACKET  configuration 
initially  appears  to  destroy  the  omnidirectional  launch  capability 
for  which  it  was  designed.  However,  this  is  not  correct  because 
the  high  local  forces  on  the  base  do  not  produce  a  yawing  moment 
about  the  planform  center.  Only  when  the  center  of  gravity  is 
moved  from  the  geometric  center  of  the  planform  does  the  base  con-- 
Lributo  to  the  yawing  moment  (neglecting  the  small  effects  due  to 
base  skin  friction  and  reaction  jets).  This  statement  must  be 
qualified  by  defining  the  base  to  be  solid,  and  not  with  a  lateral 
slot  as  considered  for  the  FTV  configuration.  The  yawing  moment 
about  the  midchord  is  due  to  the  pressure  acting  on  the  surface 
of  the  configuration,  and  not  by  any  pressure  acting  around  the 
periphery.  Consider  a  circular  planform  configuration  with  a 
blunted  edge  such  as  the  PYE  WACKET  prototype. 


From  basic  physics,  it  is  known  that  surface  pressures  act  normal 
to  the  surface.  Since  the  planform  is  circular,  the  normals  pass 
through  the  geometric  center  of  the  planform.  Therefore,  all 
pressure  forces  on  trie  periphery  act  through  the  cantor  of  thb 
planform  and  do  noc  produce  a  yawing  moment. 

The  PYS  WACKET  yawing  moment- is  primarily  produced  by  surface 
pressures.  Since  the, upper  .aid  lower  surfaces  are  curved,  the 


yavdng  moment  about  the  midchord  is  produced  by  the  summation  of 
lateral  ccnponents  of  local  forces  normal  to  the  surface.  This 
yawing  manent  produced  by  surface  pressures  is  called  the  basic 
yawing  mcment.  The  direction  of  the  moment  is  stabilizing,  l.e., 
it  tends  to  align  the  missile  with  the  velocity  vector.  When  the 
center  of  gravity  is  moved  forward  of  the  midchord,  the  pressure 
forces  on  the  base  contribute  a  yawing  moment  which  increases  the 
stabilizing  effect  of  the  basic  yawing  moment.  Conversely,  when 
the  center  of  gravity  is  moved  aft  of  the  midchord,  the  stabilizing 
effect  is  decreased. 

Thus,  only  when  the  center  of  gravity  is  not  located  at  the 
geometric  center  of  the  planform  does  the  blunt  base  contribute 
to  the  yawing  mcment. 

2.3  EXPERIffiN'CAL  PROGRAM 

2.3.1  MODELS  AND  TEST  COfiDITIONS  Two  geometrically  similar 
PYE  WACKET  wind  tunnel  models  were  used  in  the  experimental  phase 
of  this  program,  one  instrumented  for  body  pressure  measurements  and 
the  other  for  force  and  mcment  measurements.  Figure  2,3.1  is  a 
sketch  of  the  external  model  geometry  shoving  the  basic  dimensions. 
Since  teat  data  were  desired  for  yaw  angles  from  0  to  l80  degrees, 
the  models  were  designed  to  permit  mounting  on  the  wind  tunnel  sting 
at  the  three  peripheral  positions  corresponding  to  yaw  angles  of  0, 

90,  and  l80  degrees.  The  sting  ho'^es  were  filled  with  flush  plugs, 
discernible  in  Figure  2,3.1,  when  not  in  use,  P'igures  2,3.2  a,  b, 
and  c  abe  photographs  of  the  model  mounted  in  the  wind  tunnel  at 
yaw  angles  of  0,  90,  and  180  degrees  respectively. 

Figures  2.3.3  a,  b  and  c  are  photographs  of  the  force  model.  This 
model  was  designed  to  use  a  1.6-inch  diameter  internal  strain  gage 
balance. 

Figures  2.3.14  a,  b,  c  aid  d  are  photographs  of  the  pressure  model 
shewing  external  geometry  and  internal  instrumentation.  This  model 
was  instrumented  for  measuring  86  surface  pressures,  6  base  pressures, 
and  5  leading  edge  pressures.  The  location  and  numbering  system 
of  these  pressure  taps  is  shewn  in  Figure  2.3.5*  in  addition,  the 
pressure  model  has  provisions  for  simulating  the  pitch/roll  reaction 
control  jets  utilizing  cold  air  with  chamber  pressures  ranj ing  from 
IiOO  to  1000  psia.  Yaw  control  jets  were  not  included  in  the  test  due 
to  the  complexity  of  the  model  instmamentation. 
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Figure  2,3,2  a  PWT  Installation,  Forward  Launch  Condition 
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Figure  2. 3. 3  b  Wind  Tunnel  Force  Model 


Figure  2.  3. 4  a  Wind  Tunnel  Pressure  Model  with  Reaction  Control 


Teats  wore  conducted  in  two  wind  tunnels  at  the  Arnold  ^gineerlng 
Development  Center  (AEDC),  TuUahoma,  Tennessee.  References  ^.5 
and  5»6  present  the  pre-test  planning  for  the  test  program.  Mach 
numbers  from  0.6  to  1.6  were  run  in  the  l6-foot  teat  section  at  the 
Propulsion  Wind  Tunnel  (PWT).  Nominal  an^es  of  attack  of  0,  3#  6, 
and  9  degrees  were  run  at  angles  of  yaw  Including  0  to  20,  70  to 
110,  and  160  to  160  degrees.  Both  force  and  pressure  measurements 
were  taken  for  these  conditions.  Mach  numbers  from  1.5  to  5  were 
run  in  the  Type  A  wind  tunnel  of  the  Von  Karman  Gas  Dynamics  Facility. 
Six-component  force  data,  as  well  as  pressure  data,  wore  recorded  for 
angles  of  attack  ranging  from  0  to  15  degrees  at  yaw  angles  between 
0  and  180  degrees. 

The  Phase  II  wind  tunnel  test  objective  was  the  determination 
of;  (1)  the  aerodynamic  forces  and  moments  for  the  free  stream 
conditions  and  model  attitudes  expected  in  the  FTV  flights,  and 
(2)  the  effect  of  the  reaction  control  Jots  on  the  pressure  field 
surrounding  the  models. 

2.3.2  EVALUATION  OF  DATA  The  force  data  obtained  at .AEDC 
agree  quite  wall  with  predicted  values  of  Reference  5»7»  The  only 
unexpected  results  discovered  in  the  wind  tunnel  test  occurred  at 
sideslip  angles  in  the  vicinity  of  90  and  180  degrees.  At  ^  ■  90®, 

the  base  cutout  altered  the  lateral  stability  characteristics  to  a 
degree  that  was  not  previously  calculated.  Flow  separation  at 
■  180“  also  gave  reat^lts  that  were  not  predicted.  These  two 
characteristics  and  their  causes  are  analyxed  in  a  later  section. 

In  order  to  compare  the  data  obtained  at  PWT  with  data  obtained 
at  the  Type  A  tunnel,  the  test  program  included  an  overlap  of  Mach 
number  coverage  between  the  two  tunnels.  The  results  obtained  in 
the  Mach  number  overlap  agreed  very  well,  providing  smooth  coefficient 
curves  from  M  ■  0.6  to  M  •*  5* 

The  aerodynamic  coefficients  obtained  by  integrating  the 
pressure  distribution  are  not  in  complete  agreement  wiT.h  the  data 
obtained  -with  the  internal  balance.  In  general,  the  pressure 
results  are  lower  than  the  force  results,  as  shown  in  Figures  2.3.6 
and  2.3.7. 

A  comparison  of  pressure  symmetry  is  made  in  Figures  2.3.8  a, 
b,  and  c.  The  pressure  coefficients  along  chords  equidistant  from 
the  centerline  are  plotted  as  a  function  of  longitudinal  distance. 

Since  the  model  is  at  zero  sideslip  angle,  the  pressure  on  these 
chords  should  be  identical.  The  plots  show  that  the  syninetry  is 
generally  good.  Hovever,  certain  pressure  measurements  are  shown 
to  be  ob’riously  bad.  From  past  experience  with  pressure  measure- 
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FIGURE  2.3.a<; 
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raont3,  these  bad  readings  are  to  be  expected.  To  obtain  reliable 
pressure  integrations,  Values  faired  from  the  adjacent  pressure 
ports  must  be  substituted  for  the  erroneous  pressure  measurements 
in  the  integration  procedure.  This  process  is  extremely  laborious 
and  time  consuming.  For  this  reason,  the  forces  and  moments  obtained 
by  prossura  integration  could  not  be  completely  correlated  with  the 
data  obtained  with  .the  internal  balance.  However,  the  reason  for 
the  discrepancy  is  shown.  A  good  correlation  between  the  pressure 
data  and  the  internal  balance  data  could  be  obtained  in  the  future 
if  sufficient  time  were  available  to  correct  the  erroneous  prossura 
measurunonls. 

2.4  AEfiODYNAMIC  CHARACTEfUSTICS 

2.4.1  AXIS  SYSTEM  Two  standard  axis  systems  are  in  current 
use  throughout,  the  missile  industry.  These  systems  are  **body  axes” 
and  'VLnd  axes".  Confusion  arises,  however.  When  these  axis 
systems  ora  used  for  large  sideslip  angles.  Since  the  PYE  WACKET 
inherently  utilizes  sideslip  angles  up  to  180  degrees,  -a  different 
axis  system  is  needed  to  avoid  confusion.  The  system  adopted  here 
is  called  the  stability  axis  system  in  this  report  and  is  distin¬ 
guished  from  other  axis  systems  by  the  subscript  ”s”. 

The  stability  axis  system  is  basically  a  comb  i;ial. ion  of  ho  ly 
a;id  wind  axes.  It  is  a  right  hand  orthogonal  coordinate  syste.m 
with  its  origin  at  the  missile  center  of  gravity.  The  stability 
ax3.:i  system  is  formed  by  rotating  the  standard  body  axes  about 
the  z-axis  through  the  sideslip  angle  /S  .  Thus,  the  Xs-axis 
is  the  intersection  of  the  missile  planform  and  the  plane  formed 
by  the  z-axis  and  the  velocity  vector.  Note  that  the  z-axes  in 
the  bodj'  and  stability  axis  systems  are  identical.  The  stability 
axis  syste-m  is.  shown  in  Figures  2.4.1  and  2.4.2. 

In  stability  axes,  the  angle  of  attack, oC,  is  defined  as  the 
angle  between  the  Xg-axis  and  the  velocity  vector.  The  sideslip 
angle,  >5'  >  is  defined  as  the  angle  between  the  Xg-axis  and 

missile  longitudinal  center-line.  These  angles  are  illu.si.rated 
in  Figure;  2.4.1  and  2.4.2  along  with  the  positive  direction  of 
forces  and  moments. for  the  stability  axis  system. 
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2Ji.2  APPLICAllILITY  OF  AERODYNAMIC  COEFFlCIEU'fS  This  section 
presents  a  figure  index  of  the  experimental  and  estimated  aerodynamic 
coefficients  as  applied  to  the  three  phases  of  PYE  WACKET  Fl’V  flight. 
The  cross-indexing  of  the  aerodynamic  coefficients  and  figures  for  the 
various  combinations  of  main  rocket  motors  and  reaction  control  jets 
off  or  on  is  presented  in  order  to  simplify  the  use  of  the  data  for 
computer  simulation  studies,  A  detailed  discussion  of  the  individual 
coefficients  may  be  found  in  Section  2,li,3  for  power-off  coefficients 
(experimental  data),  and  in  Section  2,li,5  for  power-on  coefficients 
(estimated) , 

Power-off  and  power-on  aerodynamic  coefficients  are  indexed 
with  the  associated  flpura  numbrrs  for  the  three  flight  conditions: 

(l)  sled  captive  phase,  (2)  power-on  phase,  and  (3)  coast  phase. 

The  listings  corresponding  to  the  three  phases  of  flight  are  presented 
in  Tables  2,lj.l,  2,Ij.2  and  2,li.3. 

2.h.3  FCWKR-OFF  DATA  PRp:SKMTATION  The  basic  aerodynamic 
characteristics  for  the  21  percent  thick  PYE  VMCKIOT  Feasibility  Test 
/chicle  arc  presented  in  this  section.  These  data  were  obtained  from 
a  l/3-scale  force  model  of  the  PYE  WACKET  FTV  tested  in  the  transonic 
and  supersonic  wind  tunnels  at  A.E.D.C.,  Tullahcna,  Tennessee,  The 
coefficients  Include  no  effects  of  the  main  rocket  or  the  reaction 
control  Jets. 

A  brief  listing  of  the  power-off  data  is  presented  in  Table 

The  pertinent  characteristics  of  the  aerodynamic  coefficients 
will  bo  discussed  in  detail  under  t}\c  hoadlnrs  of  the  individual 
coefficients.  .  ' 
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TABLE  2«l^.l4 


POWER-OFT  AERODYNAMIC  Ca^ICIENTS 


Coefficient 

Figure  No. 

M 

oc 

Parameter 

2.ij.3 

0 

to 

5.0 

0°,90'^,180° 

(P  to  lb° 

2.1l.l4 

0 

to 

5.0 

0°,90°,180° 

CPtO  l4° 

2,h,$ 

0 

to 

1.0 

0°  to  180° 

3°,  6°,  9° 

oC 

2.I1.6 

0 

to 

5.0 

0°, 90°, 180° 

0°to  li;° 

A/ 

2.ii.7 

0 

to 

5.0 
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0°to  l4° 

/3 

Cn  ys  a 
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to 

1.0 
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to 

1.6 

0°  to  180° 

3?6° 

ac 
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2.I4.I2 

0 

to 

5.0 

0°,  90° 

0° 

/3 

Cfi!  ys/3 

2,h.l3 

0 

to 

1.6 

0°,  to  100° 

0° 

/V 

KS  Af 

2,L,lli 

0 

to 

5.0 

0°, 90°, 180° 

0° 

/5 

%  ^ 
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to 

5.0 

0° 

0° 
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vs  /3 

2.b.l6 

• 
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to 

1.6 

O^to  180° 

0°,3°,6° 
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In  order  to  clarify  the  use  of  the  power-off  data  presented  in 
this  section,  a  brief  description  of  the  method  of  ai plying  the 
magnification  effects  of  the  control  jets  is  necessary.  With  the 
control  jets  on,  two  forces  are  generated  in  addition  to  the  aero¬ 
dynamic  force  already  present.  These  are:  (l)  the  force  due  to  the 
thrust  of  the  control  jet,  and  (2)  the  force  due  to  the  interaction  of 
the  jet  exhaust  and  the  aerodynamic  flow  field.  The  total  normal  force 
(N)  on  the  missile  is  the  sum  of  the  normal  force  (power-off),  the 
jet  reaction  component,  and  the  interference. 

A/=  <^S 

(2.h.l) 

The  magnification  factors  resulting  from  the  jet  interaction 
with  the  body  flow  field  are  presented  in  Volume  III,  "Configuration 
and  Autopilot/Control",  It  may  be  noted  that  the  magnification  factors 
are  calculated  in  relation  to  the  control  jet  thrust  rather  than  the 
aerodynamic  force.  Consequently,  the  power-off  aerodynamic  coefficients 
are  readily  applicable  in  computer  studies  which  simulate  control  jets. 

The  applicability  of  the  power-off  aerodynamic  coefficients  for  the 
flight  conditions  of  the  Pfo  WACKF.T  FTV  is  presented  together  with  the 
power-on  coefficients  in  Tables  2. li.l  through  2.lj.3  of  Section  2,h.2, 

The  coefficients  are  indexed  according  to  figure  number  for  the  three 
phases  of  flight:  sled  captive  piiase,  power-on  phase,  and  coast  phase, 

2,li.3*l  Normal  Force  Coefficient  The  normal  force  coefficients 
for  the  PVT'  FACK’^rr  FTV  configuration  are  presented  in  Figure  2,l4.3» 

As  shown,  the  normal  force  coefficient  is  linear  with  angle  of  attack 
up  to  approximately  h  degrees  for  angl‘‘s  of  sideslip  of  0  and  90  degrees 
for  all  liach  numbers  presented.  For  rear  launch  {/3m  ihO^) ,  this 
linearity  exists  only  at  supersonic  velocities.  Examination  of  Figures 
2.h.3a,  b,  and  c  reveals  slightly  higher  subsonic  and  transonic  normal 
force  coefficients  at  /3  -  90°  than  at  -  0°.  For  supersonic  Mach 
numbers  the  reverse  condition  exists;  i.e,,  more  normal  force  is  generated 
in  the  forward  launch  {  /3  -  0°)  position  than  for  cross-wind  launch 
(  /3  -  90°).  A  similar  phenomenon,  relating  subsonic  and  supersonic 
pressure  distribution  on  bodies  with  varying  degrees  of  bluntness,  is 
discussed  in  Reference  5.P  (bodies  without  flares).  The  sketch  following 
emphasizes  ^be  geometry  of  the  configuraticn,  for  the  flew  at  /S  •  0° 
an.d  /3  -  90^,  where  the  velocity  vector  is  into  the  page. 
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^/o£r  /^/PO/vr  iy/£rw 

(/3^  SO-) 


Aa  shown  in  the  sketch,  the  rearward  half  of  the  configuration  presents 
a  blunted  face  to  the  airstream  at  »  90°,  In  centrast,  the  front 
view  presents  a  syiranetrically  tapered  edge  to  the  airstream  at>?“  0°. 
Subsonically  and  transonically,  for  ^  ■  90°,  the  small  increase  in 
normal  force  coefficient  (see  Figures  2,14,3  a,  b,  and  c)  is  attributed 
to  the  increase  in  effective  thickness  ratio  for  the  bluhted  face  of 
the  rean,-ard  half  of  the  body  as  cempared  to  the  thickness  ratio  of 
the  symmetrically  tapered  edge  at 0°.  An  increase  in  normal  force 
coefficient  is  characteristic  of  blunted  shapes  at  subsonic  speeds. 
Examples  of  the  effects  of  varying  degrees  of  bluntness  on  subsonic 
normal  force  coefficients  are  given  in  Reference  5*9.  Substantiation 
of  this  effect  for  blunted  shapes  of  varying  degrees  is  given  in 
Reference  5,10* 

These  small  differences  in  the  normal  force  coefficient  for 
subsonic  and  supersonic  flow  at  ■  90°  may  be  summarized  as  follows: 

(l)  for  subsonic  flow,  an  increase  in  bluntness  results  in  a  higher 
normal  force  coefficient  which  is  due  to  the  increased  flow  velocity 
over  the  blunted  shape,  and  (2)  for  supersonic  flow  em  increase  in 
leading  edge  biontness  results  in  a  lower  normal  force  coefficient 
caused  by  flow  separation  around  the  blunt  leading  edge.  Separation 
occurs  in  varying  degrees  over  the  sharp  curvature  of  the  blunted 
porticn  of  the  body,  and  will  occur  asymmetrically  over  the  body  as 
angle  of  attack  is  increased.  As  the  local  flow  becomes  supercritical 
over  the  sharp  comers  of  the  blunt  leading  edge,  a  system  of  compression 
shock  waves  foim.  These  shocks  terminate  in  a  region  where  the  flow 
is  undergoing  a  significant  pressure  rise  as  a  result  of  the  basic 
subsonic  pressure  distribution.  The  presence  of  the  shocks  tends  to 
increase  the  adverse  press’.irs  gradient  and  thus  causes  flow  separation. 

As  the  flow  separates,  the  large  negative  pressure  gradient  collapses, 
and  the  lift  forces  decrease. 
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For  the  rear-launch  condition  (  /£  ••  180°)  ,  as  seen  in  Figures 
2,14.3  h,  and  c  for  subsonic  and  transonic  speeds,  a  negative  normal 
force  occurs  at  positive  angles  of  attack.  The  maxijnujn  negative  force 
occurs  between  angles  of  attack  of  2  to  3  degrees  at  a  Mach  number  of 
0,9,  (Flgiire  2,14,3  c) ,  This  phencmenaois  discussed  in  detail  in  Section 
2,li,6  under  PRESSURE  DISTRIBUTION  and  will  not  be  treated  in  detail 
here.  The  accuracy  of  the  data  for  ^  180  is  somewhat  questionable 

at  Mach  numbers  of  0,8  and  0,9  duo  to  the  lack  of  normal  force  coefficients 
at  oc  -  <0*,  The  "zero-shifts'*  of  data  at  M  ■  0,8  and  M  ■  0,9  were  inter¬ 
polated  from  the  a:  *  o*  data  at  Mach  nu4nber3  of  0,6,  1,0,  1,2,  1,1|,  and 
1,6. 

The  slope  of  the  normal  force  coefficient  with  respect  to  angle 
of  attack  is  presented  in  Figure  for  sideslip  angles  of  0,  90, 

and  180  degrees.  The  normal  force  derivatives,  determined  at  <sc  ■  0^, 
are  applicable  to  either  body  or  stability  axes.  For  reference  to 
wind  axes,  the  lift  coefficient  may  be  computed  from  the  following 
relationship: 


=  Cv  cos  cx  s/xv  cx  2.I4.2 
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'i^io  nonnal  force  coefficient  aa  a  function  of  sideslip  a nf'le 

(0°  to  lfO°)  is  presented  in  Fi/nire  The  coefficients  are 

presented  at  Mach  niunbors  of  0.6,  0,8,  0.9,  and  1,0  vdUi  angle  of 
attack  as  a  paruinetor.  For  the  subsonic  and  transonic  range  of 
flight,  the  data  indicate  the  peak  normal  force  coefficient  to  occur 
generally  at  an  angle  of  sideslip  between  110  and  120  degrees.  At 
a  Mach  number  of  1,0  ^he  m-aximum  normal  force  coefficient  occurs  at 
approximately  .  In  both  cases,  the  combination  of  local 

thickness  ratio,  angle  of  attack,  and  flow  separation  are  major 
factors  in  determining  the  peak  normal  force  as  a  function  of  angle 
of  sideslip.  It  is  noted  that  the  solid  linos  on  the  graphs  indicate 
cxpcrimontal  data,  whereas  the  dashed  lines  are  interpolated  data, 

2,lj.3,2  Pitching  Moment  Coefficient  The  pitching  moment 
coefficients  discussed  in  this  section  are  illustrated  in  the  same 
manner  as  the  normal  force  coefficients  of  the  preceding  discussion, 

Th"  listing  of  the  figures  with  the  associated  variables  and  parameters 
li  given  in  Table  2.h.)t.  The  applicability  of  the  power-off  pitching 
ri(  iicnts  is  shown  in  Tables  2.Ji,l  through  2Ju3  of  Section  2  ji,2, 

The  pitching  moment  coefficients  refer  to  the  stability  arcis 
system  described  in  S{;ction  2.)|.1.  The  coefficients  are  based  on  a 
center  of  graveity  at  JiO  percent  of  the  ciiord,  (percent  of  the  body 
dlAuaeter  aft  of  the  leading  edge).  Hov.’ovor,  the  anticipated  center 
of  gravity  for  the  PTK  ViACKI-iT  r'TV  will  be  located  at  h}  percent  of 
the  chord,  and,  based  on  this,  Utc  pitciang  moments  would  be  modified 
by  Uic  foLim.’i  ng  expression: 


-  c> 


-  a  07  Cv 


or,  in  &  more  general  expression. 


=  c. 


(o.fac)  (  C  ^  2.h.U 


For  positive  coefficients  of  normal  force,  positive  pitching 
!?!U'’e.'’ts  decrease  as  the  center  of  gravity  is  moved  foi'wai’d. 

A  comparison  of  c,:ia  pitching  moment  coefficients  of  Figures  2,1;, 6 
a,  b,  and  p  v<;^h  the  noiac-al  force  oceffLcients  of  Figures  2.1;. 3  a,  b, 
a-^d  c  ,  =  l-'O  ,  indicates  that  the  pitching  moment  coefficient  becomes 

positive  at  approximately  10  degrees  angle  of  attack  for  M  =  0.6,  0.8, 
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and  0,9,  whereas,  the  normal  force  coefficient  becomes  positive  at 
angles  of  attack  of  5«0,  8,7,  and  9.6  degrees,  respectively.  For  the 
angle  of  attack  range  for  both  negative  pitching  moment  and  normal  force 
coefficients,  the  center  of  pressure  is  located  ahead  of  the  center 
of  gravity.  With  negative  pitching  mcment  and  positive  normal  force 
coefficients,  the  center  of  pressure  is  located  behind  the  center  of 
gravity.  Theoretically,  the  center  of  pressure  may  lie  off  the  configu¬ 
ration.  However,  the  more  practical  view  of  tliis  situation  is  to 
consider  two  individual  center  of  pressure  locations  on  the  top  and 
bottom  surfaces  (see  sketch  below). 

The  phenomenonof  pitching  moment  and  normal  force^both  being 
negative  at  positive  angles  of  attack  for  the  ■  180°  power-off 

condition,  subsonically  and  transonically,  is  caused  by  flow  sepa¬ 
ration  on  the  leading  edge  of  the  blunt  base.  Flow  separation  over 
the  upper  surface  is  more  severe  than  over  the  lower  (windward) 
surface,  resulting  in  a  greater  reduction  in  the  absolute  value  of 
the  pressure  coefficient  on  the  upper  surface  than  on  i<he  bottom 
surface.  Hence,  a  negative  normal  force  is  produced.  For  the  con¬ 
dition  of  negative  pitcfilng  moment  in  conjmiction  with  a  small  positive 
normal  force,  the  forces  may  be  distributed  as  shorn  in  the  sketcli 
belov,’. 


j:oca4.  C/^ 


As  vas  noted  in  the  discussion  of  normal  force  coefficient,  the 
^  a  90°  valuer,  of  C-j-  were  sli'^htly  larger  than  the  /S  =  0°  values 
for  subsonic  and  transonic  flcrw,  and  for  supersonic  flow  the  reverse 
condition  e-'d-sted.  Pite'ning  moment  coefficients,  however,  are  rrea^er 
at  ^  ‘  0°  than  at ^<5’.  «  0°  throughout  the  entire  Mach  number  range; 
(see  Fifaire  2,h,6).  fherefore,  in  order  , to  s atisfy  the  condition  of 
an  increase  in  pitching  moment  and  a  decrease  in  normal  force  for 
supersonic  flow,  a  shift  in  center  of  pressure  tinvard  the  leading  sdre 
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must  occur*  This  condition  is  illustrated  in  the  center  of  pressure 
curves  of  Fif^ures  2,i(.12  and  2,1<.13,  where  the  center  of  pressure  for 
/3  ■  90°  is  closer  to  the  leadinE  edge  than  the  center  of  pressure  at 

jS  0°  over  the  complete  Mach  number  range. 

The  slope  of  the  pitching  monent  coefficient  with  respect  to 
angle  of  attack,  ,  is  presented  in  Figure  2,b.7  as  a  function 

of  Mach  munber.  The  pitching  moment  derivative  was  obtained  by  taking 
the  tangent  slope  of  the  pitching  moment  coefficient  at  an  angle  of 
attack  of  zero  ^egroes.  Angle  of  sideslip  is  presented  as  a  parameter 
for  /<?  -  0°,  90  and  180°.  As  illustrated  in  the  figure,  the  configu¬ 
ration  has  a  restoring  moment  only  at /S’  -  180°  between  Mach  numbers 
of  zero  and  approximately  0.9.  However,  the  actual  magnitude  of  the 
slope  of  for  this  Mach  number  range  should  be  treated  with  caution 

due  to  the  fact  that  experimental  values  of  pitching  moment  at  oc  -  0 
were  obtained  only  at  M  -  0.6  for  the  subsonic  Mach  numbers. 

The  variation  of  power-off  pitching  moment  coefficient  with  angle 
of  sideslip  from  0°  to  180°  is  shown  in  Figure  2, la, 8.  The  values  as 
a  fiunction  of  sideslip  angle  are  presented  for  Mach  numbers  of  0.6, 

0.8,  0.9,  and  1.0.  As  evidenced  from  the  data  of  Figures  2.ii,8  a,  b, 
and  c,  the  configuration  has  a  restoring  moment  for  approximately  25 
degrees  of  sideslip  angle  about  a  reference  angle  of  -  l80*^.  However 
it  is  emphasised  that  this  condition  is  realistic  only  for  main  rockets 
off.  No  estimates  have  been  made  of  the  characteristics  of  pitching 
moment  with  main  rockets  on. 

2.1J.3.3  Side  Force  Coefficient  The  variation  of  side  force 
coefficient  with  sideslip  angle,  angle  of  attack  as  a  parameter,  is 
shown  for  Mach  numbers  of  O.o,  0.8,  0.9,  and  1.0  in  Figure  2.1a.9» 

The  data  shows  that  Cjg  may  be  either  positive  or  negative,  depending 
on  the  sideslip  angle. 

The  side  force  is  the  result  of  lateral  components  of  pressure 
acting  on  the  periphery  and  on  the  top  and  bottom  surfaces  of  the 
configuration  as  shovTi  in  the  sketch  below,  Tf  the  missile  were 
symmetric  about  the  Xg  axis,  the  pressures  and  areas  on  each  side  of 
the  axis  would  be  equal.  As  a’ result  there  would  be  ho  side  force. 
Because  of  the  aft  location  of  the  maxim^  thickness  of  PYE  WACKET,-  , 
the  missile  is  symmetric  only  at  of  0  and  160°.  Hence,  it  is 
apparent  that  flovf  over  the  missile  will  produce  a  variation  of  side 
force  coefficient  with  sideslip  angle. 
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The  lateral  presauros  on  the  lifting  surface,  the  blunt  sides, 
and  Uie  base,  all  contribute  to  the  side  force.  At  zero  angle  of 
attack,  and  ^  greater  than  90°,  the  flow  inpacts  directly  on  one 
blunt,  side  and  the  base  of  the  missile.  As  the  impact  pressures  are 
large,  the  side  and  base  contribute  the  ma.ior  portion  of  the  side 
force  in  the  region  of  from  90°  to  180°.  At  angles  oi  ^  from  0 
to  90°  the  pressures  are  somewhat  equal  on  all  the  surfaces  and  it  is 
difficult  to  predict  which  surfaces  cause  the  largest  side  forces* 

The  data  for  the  Mach  numbers  of  0,6,  0,6  and  0,9  show  that 
Cla  ""  negative  up  to  a  sideslip  angle  of  approximately  l60®,  and 
raiiains  positive  from  l60°  to  180°,  This  change  in  sign  is  due  to 
the  fact  that  the  component  of  side  force  resulting  from  the  base 
approaches  zero,  while  the  blunt  side  is  in  such  a  position  to  con¬ 
tribute  a  Dositive  side  force  as  shown  in  the  following  sketch,  Fran 
90°  to  l6o°,  the  relative  position  of  the  blunt  side  and  the  base 
is  such  to  cause  a  resultant  negative  side  force  coefficient. 
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The  data  at  Mach  1.0  shows  that  Cj  is  similar  to  the  subsonic 
cases  beyond  a  sideslip  annle  of  100°.  ^However,  the  Cj  is  positive 
in  the  region  of  1j0°  to  90°.  This  difference  between  subsonic  and 
supersonic  Cy  in  the  region  of  1(0°  to  90°  is  due  to  the  effect  of 
the  blunt  ba3§.  The  high  subsonic  or  low  supersonic  local  flow  ex¬ 
panding  around  the  comer  of  the  base  causes  extremely  low  base 
pressures.  The  result  of  these  low  pressures  is  a  positive  side 
force  coefficient.  ’ 

Yawing  Moment  Coefficient  The  power-off  yawing  moment 
coefficients  are  shown  versus  sideslip  angle,  with  angle  of  attack  as 
a  parameter,  for  various  Mach  numbers  in  Figure  2,ii.l0.  A  positive 
indicates  that  the  moment  is  tending  to  rotate  the  nose  of  the 
vehicle  in  a  clockwise  direction  while  a  negat'^ve  Cn  means  that  the 
moments  are  attempting  to  rotate  it  counterclockwise?  The  data  shows 
that  for  all  Mach  numbers  the  missile  can  have  either  positive  or 
negative  yawing  moment  depending  on  the  angle  of  sideslip.  For  the 
subsonic  Mach  numbers  of  0.6,  0.8,  and  is  positive  from  ^ 

equal  0°  to  a  /S’  of  approximately  +100°.  From  ^lach  1.0,  1.2,  l,h, 
and  1.6,  Cj^  ^  remains  positive  iin«-ii  a  of  +120°  to  +130°  Is  reached. 

It  must  be  emphasized  that  the  negative  yawing  moment  at  large  sideslip 
angles  tends  to  rotate  the  missile  base  into  the  wind.  Hence,  for 
launch  at  /S’  of  180°,  the  base  will  tend  to  remain  oriented  into  the 
wind,  which  is  the  desired  flight  attitude. 

The  graphs  at  the  three  Mach  numbers  of  0,6,  0.8,  and  0.9  show 
abnipt  increases  in  On,-  between/^  of  75°  to  85°.  .  These  sudden  increases 
are  attributed  to  the  aerodynamic  effects  of  the  blunt  base.  At  angles 
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of  sideiilip  less  thcan  90°,  the  air  must  f'low  around  the  comer  formed 
by  the  base  and  the  blunt  side  of  the  missile.  This  expansion  around 
the  comer  makes  the  base  act  much  like  an  airfoil.  The  poncral  flow 
pp<-tems  are  shewn  in  the  sketch  belcw.  At  the  minimtun  value  of 
prior  to  the  sudden  inoroaso,  the  flow  around  the  comer  is  completely 
sefviratcd.  (See  Sketch  a).  The  pressures  on  the  base  slot  are  close 
to  atncst'heric,  much  like  tliose  on  the  top  surface  of  a  stalled  wing. 
Further  increase  of  the  sideslip  angle  reduces  the  expansion  angle  of 
the  flow.  At  a  of  about  fiO°  to  85°,  the  flow  expands  smoothly  around 
the  corno.  and  very  low  pressures  result  in  the  base  slot,  (See  Sketch 
b) ,  These  low  pressures  cause  large  positive  peak  yawing  moment  co¬ 
efficients.  For  the  peak  the  pressures  on  the  base  are  analogous 
tr  those  on  the  leeward  surface  of  a  wing  at  high  an^^le  of  attack  ,1ust 
before  stalling  occui’s.  An  the  base  becomes  aligned  with  the  flow, 

/<3  ■  90°,  the  base  pressure  Increases  and  the  positive  Cns  decreases. 
Further  evidence  of  the  stall-like  condition  should  be  evident  in  the 
GAg  and  Cy,  curv'cs,  however,  thr*  flow  was  very  unstable  in  the  pertinent 
/3  range  and  the  OL’^ves  were  faired  smoothly  through  scattered  data 
points.  Hence,  the  faired  Cy^  and  Ca„  data  do  not  show  the  st-all.  The 
stall  was  not  evident  in  the  data  for  Mach  number  larger  than  0,9.  Once 
the  angle  of  sideslip  has  increased  beyond  a  of  90°,  direct  impact 
on  tlie  base  results  in  extremely  high  base  pi-essures  (Gee  Sketch  c). 

The  inci'casing  pressures  cause  the  yawing  moment  to  become  negative 
as  /3  increases  to  IPO  degrees.  This  holds  true  for  both  subsonic  and 
supersonic  flight. 


//'/ 


r:iy^£'C7' 


FIGOfiLE. 


SECRET 


2. It. 3. 5  Rollinp  Monent  Coefficient  The  variation  of  rolling 
mcment  coefficient  with  sideslip  angle  is  shown  in  Figure  2. it. 11.  It 
is  emphasized  that  the  rolling  moment  is  measured  about  the  stability 
ts  axis.  If  the  configuration  were  symmetrical,  the  center  of 
pressure  would  lie  on  the  afj  axis  and  no  rolling  mcment  could  occur. 
At  sideslip  angles  other  than  zero  and  180  degrees,  the  FYE  WACKET 
configuration  is  not  symmetrical.  The  asymmetry  with  respect  to  the 
velocity  vector  results  in  a  center  of  pressure  shift  off  the  Xs  axis, 
and  hence,  a  rolling  moment  is  produced.  However,  the  magnitude  of 
the  rolling  mcment  is  small  in  comparison  with  the  pitching  moment. 

The  sensitivity  of  wind  tunnel  balances  is  low  when  such  small  moments 
are  measured.  This  effect  is  observed  in  Fif^ure  2. lull  b  as  an  erratic 
variation  of  the  rolling  monent  with  sideslip  angle  and  angle  of  attack, 

2.ij.3.6  Center  of  Fressure  Location  The  center  of  pressure  is 
a  theoretical  point  on  the  body  where  the  total  aerodynamic  normal 
force  is  assigned  to  act.  The  center  of  pressure  locations  are  presented 
in  Figures  2. li. 12  and  2.1j.l3  in  terms  of  percent  of  body  diameter  aft 
of  the  leading  edge. 

Center  of  pressure  locations  as  a  function  of  Mach  number  are 
shown  in  Figure  2,li.l2  for  x?  ■  0°  arid  90°.  The  center  of  pressure 
locations  were  calculated  using  the  ratio  of  the  slopes  of  the  pitching 
moment  and  normal  force  coefficients  with  angle  of  attack, 

Fifmrc  2,1j.13  illustrates  the  variation  of  center  of  pressure 
for  ani’les  of  sideslip  between  0  and  100  degrees.  The  centers  of 
pressure  were  computed  for  the  planfcrm  by  using  the  slopes  of  the 
pitching  moment,  rolling  moment  and  normal  force  coefficients  with 
r(;spect  to  angle  of  attack.  An  example  of  the  method  of  obtaining 
the  planform  center 'of  pressure  is  as  follows.  The  conditions  are 
ctr  «  0°,  '<3’  <^0°,  H  -  0,6,  and  a  c.g.  of  0.5  c. 
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As  illuatrated  in  tho  sketch  abovo>  the  absolute  magnitude  of 
th^  ratio  of  the  moment  and  normal  force  was  used  in  the  calculation 
of  the  Xj  and  yg  center  of  pressure  location.  In  order  to  andve  at 
tho  direction  of  the  Xg  and  yg  C.P.'s,  the  signs  are  determined  by 
the  direction  of  rotation  of  the  vehicle.  Thus,  the  moment  arm  for 
a  positive  normal  force  and  positive  pitching  moment,  must  lie  bet¬ 
ween  the  center  of  gravity  and  the  leading  edge.  As  in  the  example 
shown  above,  a  negative  rolling  moment  will  be  produced  by  a  positive 
normal  force  acting  vdth  a  positive  moment  arm  in  the  positive 
direction, 

2.ii.3,7  Axial  Drag  Coefficient  The  power-off  axial  drag  co¬ 
efficients  are  presented  in  Figures  2,li,llj,  2.li.2S  and  2,L.l6.  Figure 
l.h.'lh  presents  the  axial  drag  coefficient,  CAgj  for  *  0°, 

90®,  and  l^iO°  for  the  entire  Hach  number  range  tested  at  cc  «  0®, 
Figure  2,lj.l5  presents  a  breakdown  for  -  0  and  ^  »  0  . 

The  variation  of  as  a  function  of  sideslip  angle  with  angle  of 
attack  as  a  parametir  is  shown  for  various  Mach  munbersin  Figure 
2.lj.l6. 


SECRET 


2.106 


SECRET 


A  comparison  of  values  at  <k  ■  0”  (Fij’ure  2jt.lj4).  shews  that 
the  /S'  “  90°  drag  is  approximately  lower  than  the  /^  ■  0®  drag  at 
subsonic  Mach  numbers.  As  shown  in  ihe  above  sketch,  the  base  and 
frontal  areas  are  smaller  for /S'"  90°  than/^  ■  0°,  Assuming  that  the 
base  and  surface  pressure  coefficients  are  the  same  for  /^  ■  0**  and 
/S’  -  90°,  the  difference  in  drag  can  bo  partially  explainer!  on  the 
basis  of  the  difference  in  representative  areas  of  the  two  positions. 

The  subsonic  trend  is  reversed  at  supersonic  speeds;  i.e,  the 
/?'  -  90°  drag  is  approximately  2$%  greater  than  the^  ■  0°  drag. 

In  the  supersonic  region,  the  bluntness  of  the  /J  ■  90®  profile  has 
a  large  influence  on  the  drag.  This  influence  is  greater  than  the 
difference  in  base  or  frontal  areas.  Evidence  of  the  drag  increase 
due  to  bluntness  can  be  seen  in  the  schlieren  pictures  from  the  wind 
tunnel  test.  This  picture.  Figure  2.I1.I8  d,  shows  that  the  blunt 
section  causes  a  very  strong  shock  wave  and  hence  high  wave  drag. 

As  the  missile  is  turned  to  sideslip  angles  greater  than  -  90®, 
the  shock  becomes  normal  to  the  base,  and  the  drag  increases  at  a 
rapid  rate.  The  maximum  drag  is  reached  at  /S’  ■  180°,  where  the 
lai'gest  bl’jr.t  area  is  presented  to  the  flow. 

The  drag  breakdown  in  Figure  2.ij.]5  separates  the  Cj^  at  ■  0° 
and  -  0°  into  base  drag,  skin  friction  drag,  and  wave  plus  after- 
body-drag  cemponents.  The  power-off  base-drag  component  was  computed 
from  base  pressures  determined  from  wind  tunnel  tests  of  the  pressure 
model.  It  must  be  noted  that  the  blunt-base  drag  pertains  only  to  the 
area  of  the  "cutout"  at  the  aft  end  of  the  missile  as  shown  in  the 
sketch. 


where  Cp^  -  average  base  pressure  coefficient  over  the  base 
cutout, 

Sg  ■  projected  area  of  cutout,  and 
S  ■  missile  reference  area. 


For  this  case,  main  rockets  off 


—  -  hl.O  in.  - 
2  3llt.O  in: 

-  -0.13 


0,13,-  and 
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The  s/dn  friction  drag,  prepared  from  reference  5.11,  is  presented  for 
a  full  scale  FTV  configuration  (diameter  -  5  ft), at  sea  levql.  This 
corresponds  to  a  Re^molds  number  range  of  7  x  10°  to  2  x  10°.  By 
subtracting  skin  friction  and  blunt-base  drag  from  the  total  FTV  drag. 
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the  wave  plus  afterbody  drag  was  obtained.  It  should  be  noted  that 
afterbody  drag  is  defined  to  be  the  drag  on  the  blunt  trailing  edge 
not  included  in  the  base  cutout,  A  drag  breakdown  was  not  computed  for 
^  “  90°  because  there  was  insufficient  tunnel  data  to  compute  the 
effective  base  drag. 

The  variation  of  axial  drag  coefficient,  ,  as  a  function  of 
sideslip  angle  for  constant  angle  of  attack,  has  the  same  general 
variation  discussed  for  the  /<?  equal  0°,  90^  and  180°  cases  at 
oc  ■  0°.  In  the  range  of from  0°  to  20°,  is  reasonably 
linear  and  varies  by  only  a  small  value.  For  the  sector  where  ^ 
varies  from  70^  to  110®,  the  Cj^  values  are  minimal  at  90°,  The 
test  data,  shown  in  solid  linos,  are  available  in  the  range  oi  ^ 

l6o°  to  180°  at  only  Mach  0,6,  I'he  large  values  at  lOO°  are  to 

the  blunt  base  proaented  to  the  flow.  The  data  shown  in  this  range 
of  sideslip  angles  for  other  Mach  numbers  were  estimated.  Since  no 
data  were  obtained  x'rcm  tunnel  testing  in  ranges  of  from  20°  to 
70°,  and  110°  to  160°,  the  curves  in  this  area  were  faired  from  the 
existing  data.  Hence,  the  graphs  show  only  general  trends  in  these 
regions. 

Although  the  missile  drag  is  presented  for  only  oc  ■  0°  in  the 
form  of  C^r;,  the  drag  may  be  computed  for  angles  of  attack  other 
than  zero  by  the  use  of  the  following  equations: 


Cn  =  C.  COSCK  +  C/^S//V(X 


and  if  C^g  at  oC  -  0  is  defined  as  the  zero  lift  drag  (Cqq^) 
then, 

^  ‘  ^  2.U.13 
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The  draR  induced  with  anple  of  attack  is  equal  to: 


2.14.11: 


or, 

cosa-C^^  S/^CX  -Co^  2.14.15 


Hence,  either  the  Induced  drag  or  the  total  drag  at  angle  of  attack 
may  be  obtained  from  and  data. 


2.I4.I4  WiND  TUKTffiL  PHOTOGRAPHS  -  JETS  OFF’  Fluorescent- oil 
film  and  schlieren  photographs  of  the  PYE  WACKET  FTV  wind  tuiuiel 
models  are  shown  in  Figures  2,14.17  and  2.I4.I8.  The  photographs  of 
the  models  represent  a  cross-section  of  the  numerous  pictures  taken 
during  the  tests,  and  consequently  do  not  include  all  Mach  numbers, 
angles  of  attack,  and  angles  of  sideslip^  The  photographs  presented 
in  this  Section  were  obtained  from  the  Supersonic  Von  Karman  Gas 
Dynamics  Facility  at  A.E.D.C.,  Tullahoma,  Tennessee,  Schlieren 
photographs  frem  the  Transonic  Propulsion  Wind  'funnel  were  not  in¬ 
cluded  due  to  the  lack  of  resolution.  Fluorescent-oil  film  pictures 
wore  not  made  at  the  IVT  transonic  facility. 


Excunplcs  of  the  fluorescent-oil  film  photographs  may  be  seen  in 
Fj^gures  2,li,17,  The  test  conditions  were  M  ■  2.0,  -  0°,  and  OC-  0°, 

6^,  and  12°,  It  is  noted  that  the  camera  used  to  take  the  photographs 
was  at  a  small  angle  to  the  planform  of  the  model  and,  therefore,  does 
not  present  a  nicture  normal  to  the  planform  (see  base  of  moael  in 
Fifajre  2.1j.l7a).  Qualitatively,  the  fluorescent-oil  pioouies  show  the 
flow  pattern  on  the  windward  side  of  the  model.  Fluorescent--oil  film 
photographs  with  control  gets  on  are  illustrated  in  Section  2.lj,7. 
Methods  and  applications  of  the  fluoresccnt-oil  film  technique  are 
given  in  Reference  5*12. 

The  schlieren  photographs  are  presented  in  Figures  2,l4.l8  for 
control  .lets  off.  Ail  pictures  are  for  an  angle  of  attack  and  angle 
of  sideslip  of  zero  degrees.  The  photographs  snown  were  selected  as 
representative  of  the  profile  and  planform  shock  systems  for  forv'ard, 
crosswind,  and  aft  launch  conditions  (pow'er-off ) .  Extraneous  shock 
waves  are  also  apparent  Ln  all  the  pictures.  These  shocks  are  caused 
by  the  conical  shaped  bow  shock,  wave  amanating  from  the  leading  edge 
of  the  model  'which,  reflects  off  of  the  observation  window,  and/or 
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Fluorescent-Oil  Photograph  of  Windward  Side 


Figure  2,4.  13  a  Schlieren  Photograph  of-  Side  View 
ForAuird  Launch,  M  =  2.  0 
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igiire  2.4. 18d.  Schllcren  Photograph  of  Plan  View 
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imperfections  in  the  window  itsolf.  The  wide,  vertical  black  strip 
appearing  in  the  schlieren  photographs  is  the  frame  of  the  observation 
window*', 

2J4.5  rCV.^n-ON  AERODraAMIC  CHARACTERISTICS  The  effect  of  main 
rocket  motors  find  control  jets  on  the  aerodynamic  coefficients  of  the 
PYE  KACKET  Feasibility  Test  Veliicle  is  discussed  in  this  section.  The 
power-on  coefficients  presented  i^ere  estimated  for  use  in  canputer 
studies  to  determine  the  flight  characteristics  of  the  PYE  WACKET  FTV. 
The  effects  of  the  main  rocket  motor  were  considered  negligible  for  the 
coefficients  of  normal  force,  pitching  moment  and  rolling  moment  for 
the  lov;  angle  of  attack  range  considered  (  0<  “  0®  to  I4®)  at  sideslip 
anffles  up  to  90°.  The  force  and  moment  coefficients  estimated  for  the 
power-on  condi  ti on  were:  (l)  axial  drag,  (2)  side  force,  and  (3)  yawing 
moment.  The  estimated  coefficients  are  presented  only  for  sea  level 
conditions  since  this  will  be  the  approximate  launch  altitude  of  the 
Feaslnility  T(:st  Veiiicle, 

Axial  Drag  Coefficient  The  estimated  axial-drag  co¬ 
efficient  for  pov?er-on  and  power-off  is  presented  in  Figure  2,b,19 
f or  zero  angle  of  sideslip  and  angle  of  attack  between  M,  =*  0  and  H  =* 

'J.n.  Tile  axial-drag  coefficient  for  main  rockets  on  (  /3  =  0°  only) 
was  estimated  by  reducing  the  main  rocket-off,  control  jet-on,  axial 
base-drag  coefficients  of  Figure  2.Ji.20  by  the  ratio  of  the  power-on 
base  area  to  the  power-off  base  area, 

S.iASE  (t/ON)  0^61 

^HASK  (P/OFF) 

This  factor  amounts  to  approximately  an  eight  to  twelve  percent  re¬ 
duction  in  total  axial-cirag  coefficient  for  power-on  flight.  It  is 
noted  that  the  axial-drag  coefficients  are  presented  for  both  control 
jots  an<l  m<ain  motors  operating  since  these  conditions  will  prevail  in 
the  actual  power-on  flight  phase  of  the  FTV.  As  illustrated  by  the 
base  drag  coefficients  of  Figure  2.ii.?l,  there  is  a  marked  increase 
in  base  drag  due  to  operation  of  the  control  jets  up  to  M  »  2.0  with 
main  rocket  motor  off.  This  increase  in  base  drag  is  due  to  the  pumping 
action  in  the  wake  of  the  jet  causing  entrai.onent  of  air  from  outside 
the  jet,  thus  reducing  the  pi'essure  behind  the  jet.  This  effect  is 
substantiated  in  References  and  ^.In  for  press'ires  be;’.ir.d  jets 

in  subsonic  and  supersonic  flew, 

A  drag  brcakdowai  for  the  axial-drag  coefficients  of  Figure  2.h.lp 
is  s.’iovai  in  Figures  2,h.20,  2.ii.21,  and  2,1;. 22.  Figure  2.1;. 21  presents 
the  base  drag  coefficient  for  .main  rockets  off  (control  jets  on  and 
off),  .and  Fijnire  2.1i.20  presents  for  maLa  rocket  en  writh  control 
jet.s  on  for  -  0°,  ex'  =  0°,  as  a  iiuiction  of  i-ach  number  up  to  n  =  5-0 
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Apa.ln,  nr;  discunacd  provloualy,  Uk.'sg  rurvca  present  the  39  per  cent 
reduction  in  banc  drap  coefficient  with  nain  rockets  cn  and  control 
.lets  on  due  to  the  reduction  in  effective  base  area.  The  wave  plus 
afterbexi/  drap  and  .skin-friction  dr.ap  are  shovni  in  kipuro  The 

total  axial  d:\''.|'  for  a  pi  veu  povior-on  condition  war;  ot'tainod  by  addinp 
the  wave  pl\i.a  aft.er'.iody  drap  and  skin-friction  <!rap  to  tiic  associated 
pdwer-or-,  li.ou'Cdrap  coinfionont.  Tic;  ski.-’.-frictlon  drap  coefficient  was 
based  on  I'TV  iicynolda  numbers  at  .aea  level  (Fieference  0,11). 

The  cstiT-ated  axial  >irap  coefficient  at  for  naln  rocket 

motors  on  is  shown  in  Firure  P.'i.PJ.  The  increase  in  due  to  main 
motors  on  '..'a.a  estim.ated  fi'om  a.s.aumcii  jire.a.aii lo  ciistridutirns  arormd  the 
portion  of  tF;e  periphery  affected  wh*-n  th-*  main  reck?  1='  are  on,  A 
sketcFi  sliowinp  tFie  pever-on  coediti''n  i.a  illu.ati'ated  below. 


MAIM  ROCkCe-Tl>  ON 


The  pre.asure  distrib'itions  for  ixaver-on  were  eased  larpol;/  on  the 
correlation  of  pressure.a  in  frcuit  of  .and  behind  the  reaction,  jets , 
Fipure  2.i:.3^,  and  the  data  fror-:  hefcTe.ace.a  1.13  and  F.li;. 
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3  a  funet  LO.a  of  ilacii  nu.~. 
desiip  as  a  parameter,  is 
d  control  .lets  oporatinp. 
r-cn  estimates  of  Figure 


::c\m  an 
Those 

t  1  Q 


-MACH!  -.-NUMBEJS. 


riGUCiE  2.4.20 


MACH  .  NUMBER 


M  AGH-KUM  BE-R. 


SECRET 


MACH.LNUMBEFk. 


SECRET 


deprees  for  use  in  computations  involving  sido-lnunch  conditions.  Aft 
launch  estimations  for  main  rockets  on  are  not  included  bccauoo  of  the 
lack  of  experimental  data,  A  discussion  of  some  of  the  peneral  aspects' 
of  rear  launch  conditions  is  presented  in  Section  2,7.1.  The  axial  drap 
coefficient  as  a  function  of  ^lach  number,  for  main  rocket  motors  off 
and  control  jets  on,  is  shwn  in  Figures  2,li,25  and  2,li,26, 

2,li,5.2  Side  Force  and  ^avd.ng  Mcanent  Coefficients  The  estimated 
side  force  and  yawing  moment  coefficients  for  power-on  are  presented  in 
Figures  2.1i.27  and  2.li,28,  respectively,  with  as  a  parameter.  The 
power-off  wind  tunnel  side  force  and  yawing  moment  data  were  used  as 
a  basis’ for  determining  the  power-on  coefficients.  The  power-off  data 
was  first  modified  by  subtracting  the  estimated  effects  of  the  pressure 
distribution  on  the  base.  The  base  pressure  data  from  the  wind  tunnel 
tests  did  not  afford  a  complete  distribution  of  pressure  across  the 
base,  and  consequently,  estimations  were  made  of  the  unknown  pressure 
points  on  the  base.  A  diagram  is  shown  below  with  the  pressure  port 
locations  indicated. 
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As  shown  in  th«  sketch,  pressures  were  obtained  over  approximately  30 
percent  of  the  base.  This  lack  of  complete  data  resulted  in  only  an 
approximated  base  pressure  dlstr^’^’tion.  In  order  to  determine  the 
pressure  distribution  in  front  of  and  behind  the  jets  of  the  main  rocket 
motor  exhaust  at  «  5*0 the  pressure  distribution  was  assumed  to  be 
the  same  as  the  pressure  data  in  front  of  and  behind  the  reaction  jets 
as  obtained  from  the  pressure  model  wind  tunnel  test.  These  data  are 
shown  in  Figure  2,ii,35  as  windward  and  leeward  pressure  coefficients  for 
control  jet  chamber  pressures  of  approximately  700  psia.  A  two-to-nne 
trapezoidal  pressure  distribution  on  either  side  of  the  rocket  exhaust 
extending  to  the  edge  of  the  base  was  assumed  for  the  power-on  estimations. 
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A  Gki't.cli  ol‘  this  assiijn'Ml  pi-or.sui’ei  distribiitj.un  io  r.liown  below. 
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lateral  pressure  distribution.  The  peak  pressure  at  the  leading  edge 
is  a  function  of  the  local  leading  edge  sweep  angle.  The  variation  ^ 
of  peak  pressure  around  the  leading  edge  periphery  is  approximately  a 
cosine  sauared  function  of  the  local  sweep  angle,  supporting  the  theo¬ 
retical  derivation  presented  in  Section  2.2*1. 

Figure  2. 1^.31  shows  the  effect  of  Mach  number  on  the  centerline 
pressure  distribution.  This  plot  clearly  shows  the  transonic  pressure 
coefficient  rise,  'ilie  peak  leading  edge  pressure  increases  with  Mach 
number  to  approximately  M  ■  1.3  and  then  decreases  with  increasing  i'iach 
number.  Also  discernible  is  the  characteristic  linearization  effect 
of  supersonic  Mach  numbers* 

The  effect  of  angle  of  attack  on  the  longitudinal  centerline  pressure 
distribution  is  shown  in  Figure  ?.li.32.  The  local  lift  produced  by  a 
cross-section  is  proportional  to  the  area  between  the  curves  of  the 
windward  and  leeward  sides.  Since  the  pressure  coefficient  is  more 
positive  on  the  windward  side,  the  direction  of  the  lift  is  positive. 

An  unusual  situation  is  apparent  at  a  sideslip  angle  of  90  degrees. 
Because  of  the  blunt  base,  the  configuration  is  not  acrodynamically 
s.ymmctrlcal.  Although  the  configuration  appears  entirely  different  to 
the  free  stream,  the  subsonic  surface  pressures  are  not  too  unlike  the 
pressures  for  the  forward  launch  position.  This  statement  may  be  veri¬ 
fied  by  noting  that  the  subsonic  normal  forces  of  the  two  positions  are 
essentially  the  same  (see  Figure  2,Ij.3),  Supersonically,  however,  a 
noticeable  reduction  of  normal  force  is  apparent  at  /3m  90®.  This 
normal  force  reduction  can  be  attributed  to  the  fact  that  portions  of 
the  blunt  trailing  edge  are  now  effectively  the  leacUng  edge.  The 
blunt  face  induces  local  leading  edge  separation,  resulting  in  a  re¬ 
duction  of  the  normal  force. 

The  effect  of  angle  of  attack  on  the  lateral  pressure  distribution 
is  shown  in  Figure  2.li,33  for  the  cross-wind  launch  position.  Similar 
to  the  forward  la:  nch  position,  the  normal  force  produced  by  the  cross- 
section  shown  is  positive.  Another  feature  of  the  pressure  distribution 
is  apparent  in  Figure  2.1i,33,  The  area  between  the  windward  and  leeward 
cur/es,  and  hence,  the  normal  force,  is  greater  upstream  than  downsLreajm. 
This  trend  is  indicative  of  an  upstream  shift  of  the  aerod;/namic  center 
of  pressure  with  sideslip  angle.  Figure  2.[i.l3. 

The  most  important  asp-ect  of  the  pressure  distribution  in  the 
'Vicinity  of  90  deprrees  of  sideslip  is  its  effect  on  the  base  slot. 

This  slot  behaves  in  the  same  manner  as  an  airfoil.  As  the  config’oration 
is  ya’,,'ud  frem- 110  to  70  degTrees,  the' base  can  be  considered  to  sweep 
effective  angle  of  attack  from  -20  to  +20  degrees.  At  approximately 
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80  degrees  yaw  (effective  base  angle  of  attack  of  10  degrees)  the  base 
stalls,  resulting  in  a  loss  of  lift  on  the  base  airfoil.  The  effect  of 
this  pressure  in  the  base  slot  is  predominantly  felt  in  the  yawing 
moment.  The  subsonic  pressure  coefficients  recorded  in  the  base  slot 
are  presented  in  Figure  2%ht')h  as  a  function  of  sideslip  angle.  It 
should  be  emphasized  that  this  phencmenon  will  occur  only  when  the  main 
rockets  are  not  operating.  In  flight,  the  sideslip  angle  will  not  be 
in  this  vicinity  after  main  motor  burnout.  However,  this  base  pressure 
must  be  subtracted  when  estimating  power-on  yawing  moments  as  explained 
In  Section  2,14,5,2. 

The  180  degree  sideslip,  or  rear  launch  position,  is  analogous 
to  blunt  re-entry  shapes  and  some  of  the  same  problems  are  encountered. 
Notable  are  the  negative  normal  force  and  pitching  moments  observed  for 
positive  anrles  of  attack  in  the  high  subsonic  flow  regime,  A  combination 
of  pressure  distribution  studies  and  schlieren  pictures  are  particularly 
useful  in  explaining  the  salient  features  of  this  phenomenon.  However, 
no  useable  schlieren  pictures  were  obtained  subsonically;  therefore, 
qualitative  analysis  of  the  flow  field  must  be  made  from  the  pressure 
measurements  and  from  the  r-'sults  of  other  investigations. 

The  ccncave  base  normal  to  tlie  airstream  induces  local  areas  of 
high  velocity  as  the  flew  expands  around  the  edges.  Ihesc  induced 
velocities  may  exceed  local  sonic  velocity  and  terminate  in  shock  waves. 
These  shock  waves  are  apparent  in  schlierens  obtained  at  supersonic 
velocities  where  the  flow  field  behind  the  detached  bow  wave  is  essentially 
similar  to  subsonic  liow.  The  shock  waves  produce  an  adverse  pressure 
gradient  which  the  boundary  layer  cannot  support  without  separation. 

Because  the  airflow  does  not  have  the  ability  to  complete  the  full 
expansion,  the  flow  leaves  the  body  at  the  leading  edge  and  re-attaches 
to  the  body  at  some  dcnaistream  point  determined  by  the  ^’'ach  number, 

RejTiolds  nujrber,  and  angle  of  attack.  As  an  aid  to  the  flow  visual¬ 
ization,  the  centerline  pres;'ure  distribution  is  shown  in  Figure 
Consider  first  the  pressure  distribution  at  zero  angle  of  attack.  As 
the  airstream  flows  from  the  concave  base  to  the  surface  of  the  vehicle, 
the  large  expansion  around  the  lip  of  the  base  produces  a  very  lew 
pressure.  This  lo'w  pressure  is  in  the  vicinity  of  Station  20  in 
Figure  2.1i.35<i  The  local  surface  slope  of  the  configiLraticn  is  negative 
dc.mstream  of  Station  20;  consequently,  the  velocity  of  the  airflow 
decreases.  As  the  velocity  decreases,  the  local  pressure  coefficients 
increase  and  reach  positive  values  at  the  trailing  edge. 

Consider  next  the  windward  surface  of  the  configuration  at  an  angle 
of  attack  of  3  degrees.  The  pressure  distribiition  trend  is  very  similar 
to  the  zero  angle  of  attack  case.  Notice,  however,  that  the  pressure 
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coefficients  are  more  negative*  This  is  caused  by  the  fact  that- the 
flow  must  expand  ah  additional  3  depreos  around  the  base.  The  extra 
cxyjansion  produces  a  renter  negative  pressure  at  Station  20»  The 
pressure  coefficients  then  increase  alcnn  the  remainder  of  the  configu¬ 
ration  as  in  the  zero  angle  of  attack  case. 

The  leeward  side  of  the  configura tion  produces  a  flow  condition 
v.'hich  is  entirely  different  from  tho  previous  cases.  The  large  adverse 
pressure  grarb'ent  on  the  leeward  side  causes  tho  flew  to  leave  the  surface 
of  the  vciiicle.  This  can  he  observed  by  a  pressure  wiiich  is  almost 
constant  along  the  cinterline.  This  flow  separation  is  the  cause  of 
the  unusual  acrod;/namic  characteristics  of  the  configuration  in  the  rear 
launch  position.  The  net  area  between  the  windward  and  leeward  curves 
indicates  that  a  negative  normal  force  is  produced  for  positive  angles 
of  attack.  Also  of  importance  is  the  force  distribution  along  the 
centerline,  ^he  force  upstre-sm  of  the  midchord  is  negative  while  the 
force  downstre^uri  is  positive.  The  combination  of  these  forces  produces 
a  large  negative,  or  restoring,  pitching  moment.  It  should  be  emphasized 
tliat  the  preceding  discussion  was  concerned  vrith  the  pov;er-off  case; 
the  main  rocket  motor  exhaust  flow,  ag  over  the  vehicle  will  alter  the 
pressure  distribution,  A  discussion  of  tho  probable  flow  structure  vith 
tlic  main  jet  cn  is  given  in  Section  2.7,1.  Lack  of  expcrimenttil  data 
precludes  a  quantitative  analysis. 

2.ii.6,2  Control  Jet  On  The  metl’.od  of  control  utilized  by  the 
ITr’.  V.'AC  KhT  configuration  is  reaction  jots.  This  choice  wa5^-’3ittatcd 
primarily  by  cons  idem  tiens  of  cnnidirectional  latinch,  and  secondarily 
by  the  superiority  of  reaction  controls  to  aerodynamic  controls  at  very  . 
high  altitudes.  However,  wlien  reaction  Jets  are  operated  in  the  atmos¬ 
phere,  an  interaction  between  the  Jet  and  the  free  stream  occurs  which 
c.'in  be  very'  beneficial.  This  interaction  is  referred  to  ns  Jet  magnl- 
flcabi on  and  implies  an  induced  pressure  distribution  on  the  body  sur- 
I'ounding  the  Jet.  Because  the  Jet  induces  both  positive  and  negative 
pressure  ccefficients  on  the  body,  tiic  sense  of  th.e  iiiduccd  force  is 
dependant  on  the  bcctv  geometry  surrounding  the  jet.  The-;  magnitude  of 
the  force  induced  cn  the  I'm  V.'AC?rET  configuration  is  presented  in  Volum.e 
111  of  this  mport;  a  qualitative  analysis  of  the  flow  sti-urture  in 
th.e  vicinity  of  the  Jet  is  presented  in  this  VDlume, 

A  cemprehonsive  study  of  the  interaction  of  a  reactive  Jet  and 
the  flow  over  a  body  has  not  been  attempted  unt.;,!  recent  years.  Previous 
r-aearch  was  confined  to  supersonic  flew  only,  PYE  b'ACKE?  reaction 
Jets  •.•;err3  tested  in  supersonic,  transonic,  and  subsonic  airsi.reams. 
fhe  test,  was  not  specifically  performed  as  a  study  of  the  local  flow  ■ 
s tn-cture,  so  a  detailed  analysis  cannot  be  made.  However,  with  the 
ai.l  of  previous  research,  (Reference  and  with  experimental 
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evidence  gained  troa  the  wind  tunnel  test,  a  good  xuxlerstandlng  of 
the  flow  atructuro  waa  gained. 

Subsonlcally,  the  only  experimental  resulta  gained  at  the  wind 
tunnel  were  the  induced  preaaures  surrounding  the  Jeta.  StqpOTSonloally, 
however I  both  aohlleren  and  fluoreaoent-oll  pictures  were  taken*  Figures 
2,k»h2&  through  2»U»U2{  are  seleotad  exanplos  of  the  schllerea  pic¬ 
tures  at  aero  sideslip  arigle.  These  pictures  show  tliat  a  detached  nomal 
shook  ware  forms  around  the  Jet*  The  high  pressiue  behind  this  shock 
wave  Is  transmitted  upstream  through  the  boundary  layer  and  causes 
flow  separation  to  oocur.  This  effect  can  be  seen  in  the  schlleren 
pictures  as  an  oblique  shook  wave  ahead  of  and  intersecting  the  normal 
shock.  The  pressure  in  this  separated  region  is  high,  resulting  in  an 
interaction  force  which  acts  in  the  sane  direction  as  the  force  pro¬ 
duced  by  the  Jet  itself.  Figures  2.l4.bl  a,  b,  and  o  aie  typical  flow 
patterns  taken  with  the  fluorescent  oil  technique.  The  lines  shown 
are  actual  streamlines  very  close  to  the  body.  The  reverse  flow  is 
evident  In  front  of  the  Jot  in  the  separated  flow  region. 

Figures  2.1{*36,  2,!i.37,  and  2,h,38  present  the  measured  preearure 
coefficients  in  the  vicinity  of  the  reaction  Jet,  The  pressures  were 
noasurod  in  throe  radial  rings  around  the  Jot,  Because  the  Jet  Is  very 
close  to  the  trailing  edge*  only  Ring  1  extended  entirely  around  the 
Jet,  The  measured  pressures  are  shown  for  Mach  numbers  of  0,6,  1,6, 
and  3*0  and  are  representative  of  Mach  numbers  not  shown, 

Subaonlcally,  the  reaction  Jet  induces  a  high  pressure  area  up¬ 
stream  of  the  Jet  analogous  to  the  stagnation  region  upstream  of  a 
solid  body.  This  high  pressure  acts  in  the  same  direction  as  the  Jet 
thrust  vector.  However,  this  beneficial  effect  is  overshadowed  by  the 
extremely  low  pressure  induced  on  the  leeward  side  of  the  jet.  This 
pressure  la  lower  than  that  expected  behind  a  solid  body  and  therefore 
suggests  that  a  Jet  pumping  effect  is  present.  Figure  2,b.36c  shows 
that  the  high  presaure  region  extends  upstream  of  Ring  3,  Because 
the  reaction  Jet  is  near  the  trailing  edge,  the  low  pressure  is  confined 
to  a  small  area  on  the  vehicle.  The  total  force  obtained  by  integrating 
the  pressurea  In  the  subsonic  region  is  positive.  However,  the 
location  of  the  Induced  force  is  forward  of  the  midchord,  resulting 
in  a  pitching  motasnt  which  is  opposite  in  sign  to  that  of  the  reaction  - 
control  jets. 

Supersonically,  beneficial  flow  interference  is  achieved.  The 
predominant  featurs  of  the  induced  pressure  field  is  the  large  pressure 
upatraaa  of  the  Jet,  The  pttmping  effect  on  the  leeward  side  of  the 
Jet  is  very  siaall  and  therefore,  only  a  small  decrease  in  pressure 
is  realized.  The  high  pressure  decreases  rapidly  upstream  of  Ring  3. 

The  integration  of  the  pressures  results  in  a  force  acting  in  the 
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same  direction  as  the  reaction  jet  thruat  vector.  This  mafnificatlon 
factor  is  of  the  same  order  as  the  jet  thnist  itself  in  the  lew  super¬ 
sonic  flow  rcfimc.  In  effect,  the  reacticn  jeir  thrust  is  doubled  and 
the  pitching  moment  magnification  is  bencf'icial  in  this  velocity 
region. 

Figure  2,k>39  presents  the  variation  of  the  pressure  immediately 
upstream  and  downstream  of  the  reaction  jot  ns  a  function  of  Mach 
number.  This  figure  emiihnsizes  the  trends  previously  discussed.  The 
difference  between  the  curves  shovm  for  the  vdndward  and  leewai’d  pressures 
is  indicative  of  the  jet  magnification  factor^  Subsonlcally  the  diff¬ 
erence  is  negative  and  results  in  a  reduced  effective  jet  thrust.  The 
maximum  positive  magnification  factor  is  obtained  in  the  transonic  flow 
regime.  The  maximum  magnification  factor  then  decreases,  but  remains 
positive,  with  increasing  Kach  number. 

Figure  2, li.Lo,  showing  the  flcnj  structure  in  the  vicinity  of  a 
jot,  was  taken  from  Reference  5>,li;.  Although  the  data  obtained  during 
the  lYE  V.AChZT  test  were  not  sufficiently  complete  for  such  a  detailed 
sketch,  all  experiincntal  moasurements  and  observations  were  in  excellent 
arreement  with  the  figure. 

2.I1.7  WI.'ID  'm.'li.'LL  lllCTO;rAII!S  -  JETd  ON  ;  Fluorcccent-cil  fjljn 
and  schlieren  photographs  of  the  ill-'  WACKET  F’TV  wind  tunnel  models, 
with  control  jets  operating  (one  or  both  jets),  are  presented  in 
Figures  2,li.l;l  and  Figures  2j>i,'2.  As  ciiscussed  in  Section  2#il' 
the  photographs  were  ebtained  from  the  supersonic  Von  Kaman  Gas  Djaiardcs 
FaciHty  at  A.E.D.G.,  'Tullnhana,  Tennerisee,  A  complete  description  of 
the '  method  of  aj.plication  of  the  fluoreccont-oil  fiLn  tcchniiiue  sny  be 
found  in  Reference  5*12 ,  Basically,  U;e  method  incorj.oratcs  the  use  of 
a  fluoi-escent  petroleum  base  oil  photo['raphed  under  ultraviolet  light. 

The  fluorescent-oil  film  photographs;  arc  presented  in  Figures 
2,l(,lil  with  either  one  or  both  reaction  control  jets  operating-  at  a 
measured  chamber  pressure  of  approximately  70")  psia.  All  of  the  pictures 
were  taken  with  the  oil  flovr  on  the  v'indvard  side  of  the  model,  A  froe- 
streajn  Mach  number  of  2.0  is  common  to  the  five  photogi-iiphs  presented. 
Photographs  at  a  higher  Mach  number  were  also  obtained,  but  were  not  of 
the  quality  of  the  pictures  shoim  here.  The  phot'og-raphs  of  Figures 
2.L.i'l  illustrate  the  large  effect  of  the  control  jet  exi-.aust  on  the 
flcrw  field  over  the  model.  The  shock  ;rave  in  front  of  the  contrcl  jets 
is  e’/idenced  by  the  dark  area  in  front  of  and  around  the  jets.  Sxam- 
inattion  of  the  schlieren  photograph  of  Fif-ure  2olj.l!.2a  clearlj'  indicates 
the  relative  position  of  the  shock  wave  to-be  the  same  as  that  indicated 
in  the  photographs  of  Figures  2.ii.hl. 

Schlieren  photographs  of  the  model  in  the  foiward,  side,  and 
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Figure  2.4.41  b  Fluorescent-Oil  Photograph  of  Windward  Side 
Jets  On,  M=  2.  0,  «=  6* 
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Figure  2.  4.  42  c  Schlieren  Photograph  of  Side  View 
Forward  Launch,  Jets  On,  M  =  2.  0,  /^  =  14’ 
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Figure  2.4.42  d  Schlieren  Photograph  of  Plan  View 
Forward  Launch,  Jots  On,  M  =  2.  0 
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Figure  2.4,42  e  Schlieren  Photograph  of  Side  View 
Forward  Launch,  Jets  On,  M  =  5.  0 
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Figure  2,4.  42  f  wSchlieren  Photograph  of  Plan  View 
Forward  Launch,  Jets  On,  M  =  5.0 
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Figure  2.  4.  42  h  Schlieren  Photograph  of  Plan  View 
Cross-Wind  Launch,  Jets  On,  M  =  2.  0 
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Figure  2.4.42  j  Schlieren  Photograph  of  Plan  View 
Aft  Launch,  Jets  On,  M  =  .4.0 
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roar  launch  positions  are  presented  in  Figures  These  photo- 


f:raph3  are  of  the  profile  and  planform  views  of  the  shock  system  caused 
by  the  model  and  the  exliaust  of  the  reaction  jets.  Again,  as  stated 
in  Section  2,1.1,  extraneous  shock  waves  are  present  in  the  photographs 
due  to  shock  reflections  from  the  observation  window  and/or  from  imper¬ 
fections  in  the  window.  The  photographs  were  taken  at  angles  of  attack 
and  sideslip  of  zero  degrees  in  all  cases  except  Figure  2,Iuii2c,  The 
sideslip  anrle  of  lij  degrees  clearly  shows  the  two  shock  waves  emanating 
in  front  of  the  control  jets.  The  planform  view  is  shown  in  Figure 
2.1i.li2d, 

2.5  FKRimUoCE 

vSea  level  launchings  present  an  extremely  difficult  environaient 
for  highly  maneuverable  missiles  such  as  PYE  V/ACKET.  A  major  advantage 
of  the  iVE  '.v'ArpF.i'  concept  is  its  ability  to  maneuver  at  high  altitudes 
wlinre  conventional  missiles  cannot.  As  a  result  of  the  high  maneuver¬ 
ability,  extremely  high  "g"  loadings  occur  for  mederate  angles  of 
attack  in  the  dense,  sea -I'^vel  air.  Because  of  structural  and  available 
control  limitations,  a  low  missile  aruio  <;f  attack  must  be  maintained. 

To  cj-phasizc  the  high  m.aneuver  capability  of  I'Yi;  V.'AdKET  at  sea  level, 
attention  is  drav-n  to  Fifoire  2.5.1.  This  grnj'h  presents  the  noimal 
accclrraiion  in  t.eins  of  "g'a"  as  a  function  of  ILuch  number.  For  an 
assumet)  launch  v.-r>irht  of  liRb  pounds,  tno  normal  arccl'’raticn  ranges 
from  0.0  g's  per  degree  Jngle  of  attack  at  a  Mach  number  of  0.6  to  10 
g's  r'T  degree  at  a  Each  nu.mter  of  2.0.  The  assumed  burnout  weight  of 
285  po’c.nds  has  a  maneuver  capability  of  lli,'2  g’s  per  degree  at  a  Mach 
number  of  2,0.  ('alc’lation  of  U.eso  values  does  not  include  the  addition¬ 
al  ro"ce  produced  by  the  reaction  jets  and  associated  magnification 
factors. 


The  angle  of  attack  necessary  to  maintain  level  flii'ht  is  shewn 
in  Figure  2.5.2  as  a  function  of  Mach  ntinbcr.  At  a  launch  Mach  number 
of  0.6,  a  trim  ancle  of  attack  of  1,3  de/'rces  is  required.  The  re- 
nuired  angle  drops  down  to  0.07  degrees  for  the  empty  weight  condition 
at  a  Mach  number  of  2.0.  As  a  result,  the  control  system  must  be  very 
sensitive  to  avoid  high  "g"  loadings  in  the  burnout  Mach  number  range. 


The  maxir.a-n  cba-'.rollable  angle'  of.,,  at  tack  as  a  function  of  Mach 
ri’Lmber  is  sriCT/a  in  Firaire  2.^.3  for  the  fom-eard  launch  case.  TfiiS  cui’ve 
j.s  based  on  sea  level  ccnditl'-ns  v.ith  a  reaction  jet  r,hrust  of  5CO 
poiirnls  each.  Steady-state  cCnditions  were  assumed  with  no  jet  magnifica 
facoca’s.  The  effect  of  jet  j car.ion  factors  is  presented  in  Volume 

III  of  this  report,  Figiare  2.5.3  shes/s  thuac  a  minLv,um  controllable 
ancle  of  attack  of  2.1  degrees  occ!:rs  at  Mach  1.2  (equivalent  to  .3  to 


comroilable  ancle  of  attack  lucrer.ses'  rapidly 
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Mach  nunber  is  either  increased  or  decreased.  The  increase  at  hip;her 
or  lower  Mach  numbers  is  caused  by  diTfererit  factors.  A  sketch  of  the 
force  diapran  is  shown  below: 


Summation  of  moments  pives  the  followinp  equations; 


/Vr  - 


<=<  q  S'  r 


QC  = 


The  reaction  .let  force,  is  constant  v;ith  Mach  number  as  is  the  jet 

mcnent  arm,  Jl  .  ihereforb,  the  control  moment,  Fj;f  ,  is  cslso  ccnstant 
with  Macli  number.  The  two  remaininp  parameters  are:  M,  the  normal 
force  and  the  distance  bctv;een  the  aerodvTianic  center  of  pressure 
and  the  center  of  pravity.  These  two  variables  dotemine  the  sb.ape 
of  the  ourre  stiov.n  in  Fipure  2, ^'.3.  In  the  low  Mac))  number  ranre  the 
distance  beto-feen  the  centers  of  pressure  and  pravity  is  larpe,  'out  the 
normal  force  is  lov/  due  to  the  lov;  dyiunaic  pressure,  ^  .  Therefoi-e, 
a  larpe  anple  of  attack  can  be  c.-ntrolled.  As  the  Mach  nu/m^er  is  in¬ 
creased  above  M  ■=  1.2,  the  dynamic  pressure  increases  rapidly,  However,' 
ti'.e  aorod;/namic  center  of  pressure  moves  aft  tov/ard  the  center  of  pravit’ 
resultinp  in  a  very  small  moment  arm  and  hence,  a  lai-pe  controllable 
anple  of  attaeV:.  In  fact,  at  M  =•  2.)i,  the  center  of  pressure  and  the 
center  of  pra'/ity  coincide  (c.p.  located  at  the  aim  ch.ord)  .  Any  anple 
of  attack  theoretically  can  be  con' rolled  at  this  Kach  number.  This 
rearwaard  shift  of  caater  of  pressure  can  be  verified  by  referrinp  to 
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Fif^ure  2. Ji. 12,  Section  2.1<.3.6» 


-  Fieuro  2.^, It  is  a  similar  curve  for  the  cross-wind  launch,  A 
comparison  of  Figures  2.5,3  and  2, 5.^4  shows  that  the  cross-wind 
launch  will  be  more  difficult  than  the  forward  launch.  The  maximum 
controllable  anple  of  attack  does  not  increase  above  M  “1,2  as  did 
tfie  forward  launch  because  the  center  of  pressure  does  not  approach 
the  center  of  pravity  as  closely.  It  should  be  noted  that  the  center 
of  pravity  cajinot  be  moved  from  tJie  lonpitudinal  centerline  to  alleviate 
the  problem.  However,  it  should  be  noted  that  this  condition  applies 
only  to  a  sea  level  launch.  The  ma:d.mum  controllable  angle  of  attack 
is  a  direct  function  of  air  density  so  that  an  altitude  launch  will 
Increase  the  maximum  angle.  Prototype  launchings  from  an  airplane 
will  pot  encounter  such  ripid  restrictions. 

Mach  number-time  histories  of  the  PYE  V.'ACKET  FTV  are  presented 
in  Figure  2,5*5  for  the  forward  launch,  “  0,  sea  level  flight 

condition.  Three  launch  Mach  number-time  histories  are  shown  at  M  ■ 

0,?i,  0.6  and  0.8. 

The  equations  used  in  the  calculation  of  the  Hach  nunber-time 
histories  tliroupliout  the  power-on  and  coast  phases  are  presented  in 
Appendix  6.2.  It  is  noted  that  the  equations  are  closed-form  equations 
utilizing  linear  approximations  of  the  PYK  VJACKFT  FTV  drag  as  a  function 
of  velocity.  Comparisons  vdth  computer  calculations  using  the  standard 
Iterative  technique  indicate  very  pood  agreement  between  the  U'o  methods. 
The  maximum  Mach  numbers  at  tbe  -burnout  time  of  l.h?  seconds  are  1.58, 
l.bp-and  1.80  for  the  launch  Mach  numbers  of  0,!(,  0.6  and  O.O,  respect¬ 
ively, 

2.6  LAUMCil  S'ilIDTr,S 

In  order  to  substantiate  the  omnidirectional  launch  characteristics 
of  the  flight  test  vehicle,  a  controlled  method  of  launch  must  be  pro¬ 
vided.  The  use  of  a  rocket  pov/er  sled  is  the  most  desirable  from  the 
standpoint  of  precise  conl-rol,  maximum  data  acquisition,  and  low  cost. 

The  scope  of  the  Phase  II  task  did  not  permit  a  detailed  study  of  the 
launcher  confif'urationj  however,  studies  sufficient  to  outline  a  feasible 
launcher  system  compatible  wiU’.  the  I'YE  v/ACKET  FTV  were  ccnducted. 

Results  of  these  studies,  particularly  aerodynauic  aspects,  are  presented 
in  the  following  sections. 

2.6,1  SLr.D  COtd' TniVi- •  IC'M  Finire  2.6.1  presents  a  side  and  end 
view  of  the  Edvmrds  Air  Force  Base  High  Speed  Sled.  The  sled  is  approxi¬ 
mately  22.5  feet  long  and  1;  feet  high.  The  distance  between  rails  is 
60,65  inches  or  aoproximately  5  feet.  The  vehicle  has  a  p^gra.midal  nose 
and  has  all  protruding-  surfaces  faired  with  oblique  angles.  It  is  an 
extremely  low  drag  config'uration.  This  sled,  weighing  5300  Ib'at  launch 
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and  3900  1b  at  bumoUt,  utilizes  a  liquid  rocket  motor  producing 
50,000  Ib^  of  thrust  for  seconds.  An  alternate  configuration  has 
foizr  solid  rocket  motors  producing  a  thrjs-t  of  Idb/XO  3b  fcr2  seconds.  This 
sled  operates  on  a  track  20,000  Aeet  long  including  a  6000  foot  braking 
area, 

2.6.2  SUPPORT  S'lllUCTURE  The  sled  presented  in  the  previous 
section  provides  the  basic  structure  for  a  suitable  launch  syston  for 
the  flight  test  vehicle,  A  suitable  support  structure  must  bo  designed 
to  adapt  the  launch  mechanism  to  the  present  sled. 

A  proposed  sled  structure  for  the  forward  laimch  case  is  presented 
in  Figure  2.6.1.  This  arrangement  mounts  directly  on  top  of  the  sled* 
This  locates  the  flight  test  vehicle  approximately  ih  feet  above  the 
ground  level  and  approximately  12  feet  above  the  track.  The  structure 
consists  primarily  of  two  h-l/2  inch  thick  walls  which  slope  inward  to¬ 
ward  the  sled  longitudinal  centerline.  Approximately  8-1/2  feet  above 
the  top  of  the  sled,  the  walls  intersect  a  horizontal  member,  become 
parallel  and  end  in  a  torque  box  structure.  The  walls  consist  of  cir¬ 
cular  steel  structural  members  with  wedges  for  the  leading  and  trailing 
edges.  This  arrangement  is  covered  by  thin  aluminum  sheet.  On  top  of 
the  torque  box  structure,  two  steel  cylinders  are  attached  which  project 
horizontally  and  support  the  model  forward  of  the  torque  box.  A  similar 
arrangement  is  proposed  for  the  side  launch  structure  and  is  illustrated 
in  Figure  2.6.2,  The  only  difference  here  is  in  the  length  and  direction 
of  the  support  stings.  A  preliminary  estimate  of  the  weight  of  the 
support  structure  indicated  that  the  entire  assembly,  including  the 
flight  tost  vehicle,  vd.ll.  weight  approximately  1850  lbs. 

2.6.3  ESTif-lATbD  GCMFOSITE  SLED  CHARACTERISTICS  Estimates  of 
the  weight,  thrust,  and  drag  of  the  sled  and  support  structure  com¬ 
bination  are  contained  in  Figure  2,6,3.  The  drag  coefficient  data 
were  estimated  for  incompressible  flow  using  the  available  dimensions 
for  the  sled  and  support  structure.  Their  variation  vdth  Mach  number 
was  estimated  by  applying  the  IVandtl-Olauert  Rule.  The  reference 
area  for  the  drag  coefficients  as  the  planform  area  of  the  flight-test 
vehicle.  The  weight  and  tiiiust  variation  were  obtained  from  sled  in- 
fonriabion  and  from  the  weight  estimate  for  the  support  structure, 

2,6.1!  ESTIMATED  SLED  PERFORMANCE  The  acceleration,  velocity 
and  displacement-time  histories  were  calculated  frem  the  data  frera  Section 
2.6.3.  The  results  of  the  computations,  performed  for  a  2000  foot 
altitude,- are  presented  in  Figure  2,o.b.  In  this' diagram,  acceleration, 
velccity,  Mach  number,  and  range  ex'  the  sled  are  presented  as  a  function 
of  time  from  launch  to  rocket  motor  burnout.  Also  presented  are  the 
initial  conditions  for  the  launch.  For  one  assumed  launch  liach  number. 
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0.1^5,  the  pertinent  sled  conditions  are:  tiJne  •  2,2^  seconds,  ranEO 
■  600  ft,  and  acceleration  ••  220  ft/scc'^.  No  distinction  was  made  in 
these  computations  between  the  forward  and  side  launch  cases.  The 
accuracy  of  these  estimates  is  taken  to  bo  +  20;^,  The  result  due  to  a 
change  in  weight  or  drag  of  the  vehicle,  when  the  launch  direction  is 
changed,  will  be  within  the  accuracy  of  the  canputatlon.  The  ono  im¬ 
portant  distinction  between  the  two  cases  is  the  direction  of  the  acceler¬ 
ation  at  the  instant  of  launch  relative  to  the  vehicle  axes.  In  the 
forward  launch  it  is  in  a  longitudinal  direction  and  in  the  side  launch, 
the  acceleration  is  lateral, 

2.6.5  INTERF’L’RENCE  EFFECTS  One  major  consideration  for  launching 
from  a  sled  is  the  interference  effects  arising  from  the  support  structure 
and  the  proximity  of  the  ground.  For  the  latter  condition,  the  ground 
presents  a  boundary  which  prevents  the  normal  downward  flow  associated 
with  the  lifting  capability  of  a  veMcle  in  flight.  Two  actions  take 
place  as  a  result  of  this  restriction.  First,  the  lift  curvo  slope  of 
the  wing  or  body  is  increased.  This  has  been  interpreted  as  an  aspect 
ratio  increase.  In  addition,  the  downwash  behind  the  vehicle  decreases. 
For  incompressible  flow,  this  effect  has  been  estim-ated  in  Reference 
5.15  by  assuming  an  '•imago”  wing  and  canputing  its  interference  on  the 
wing  in  the  proximity  of  the  ground.  The  results  of  this  determination 
are  contained  in  Figui-e  2,6,5.  The  wing  lift  curve  slope  magnification 
due  to  the  ground  is  presented  as  a  function  of  height  above  the  ground. 

As  the  lift  curve  slope  ratio  approaches  one,  the  effect  of  the  ground 
proximity  goes  to  zero.  For  tlie  configuration  of  Figure  2,6,1  the 
abscissa  value  is  the  order  of  five,  indicating  that  the  ground  effect 
is  less  than  one  percent.  This  particular  estimate  is  for  incompressible 
flow.  Data  from  Reference  5»l6  were  used  to  estimate  th'>  same  information 
for  compressible  flow.  Again,  the  effect  is  the  order  of  one  percent. 
Thus,  the  ground  effect  on  the  flight  test  vehicle  is  negligible. 

Another  interference  effect  of  comparable  importance  is  the  flow 
angularities  induced  by  the  sled  and  support  structure.  Using  the  flow 
field  data  from  Reference  5.17,  and  estimating  the  mean  geometric  chord 
for  the  sled,  the  longitudinal  flow  field  in  Figure  2,6,6  was  prepared. 
Several  assumptions  were  necessarj'  in  order  to  make  this  diagram.  The 
first  assumption  v/as  that  the  flew  field  over  tlie  sled  is  similar  to 
that  over  a  smooth  wing  section  although  the  flow  over  a  wing  profile 
would  be  more  conservative  because  the  flcv:  is  essentially  tw’o-dimensional 
The  flow  over  the  sled,  because  of  its  lower  aspect  ratio,  would  tend  to 
be  three-dimensional  in  nature.  Ag  a  result,  there  would  be  a  tendency 
to  relieve  the  flow  angularity  over  the  edges.  The  conditions  shown  in 
Fig'ure  2.6.6  would  apply  only  at  the  center  of  the  sled,  and  the  angu¬ 
larities  would  be  quickly  reduced  in  the  lateral  regions  01  the  sled. 

From  this  aspect,  the  condition  assumed  (two-dimensional)  would  be  more 
critical.  However,  ground  effect  should  have  a  major  irtfluence  on  the 


SECRET 


2,190 


^  yvor  SCy<iZ.£ 


jar’Tb'OS*  JLOA^ 


SECRET 


flow  field  about  the  sled.  The  data  taken  from  Reference  5»17  la  for 
a  flow  field  not  influenced  by  the  ground  boundary.  Figure  2.6,6  shows 
the  proximity  of  the  ground  plane  to  the  sled.  Using  this  data  and 
extrapolating  the  results  of  Figure  2,6,5  indicates  that  the  lift  curve 
slope  would  be  magnified  by  less  than  a  factor  of  two.  Hero  the  as¬ 
sumption  is  made  that  the  flow  field  is  intimately  associated  with  the 
lift  curve  slope.  This  factor  may  then  be  applied  to  the  local  angu¬ 
larities  in  Figure  2.6.6.  On  this  basis,  the  position  of  the  flight 
test  vehicle  may  be  expected  to  bo  in  a  range  from  0  to  -2  degrees  angle 
of  attack  in  the  longitudinal  plane. 

Using  the  same  reference,  the  lateral  angularity  fields  were 
estimated  for  the  support  struts  in  the  vicinity  of  the  model.  The 
same  field  is  shown  for  the  forward-and  side-launch  case.  As  indicated 
in  Figure  2.6.7,  no  lateral  angular  flow  fields  are  expected  in  either 
the  forward  or  side  launch  case. 

2.6.6  VIBRiVTICN  EFFECTS  An  additional  source  of  disturbance 
during  launch  is  the  vibration  which  will  be  transmitted  from  the  rails 
and  rocket  motor  through  the  sled,  the  tower  structure,  and  sting  support 
to  the  flight  test  vehicle.  This  vibration  will  cause  the  sting  support 
to  deflect  and  introduce  a  disturbance  at  the  time  of  launch.  This  means 
the  vehicle  will  be  subjected  to  an  increment  in  angle  of  attack  and  in 
pitch  angular  velocity  as  an  initial  condition  at  launch.  The  magnitude 
of  this  disturbance  is  dependent  on  the  fixity  conditons  of  the  sled 
and  sting  structure  and  on  the  elastic  deformations  of  the  structural 
cemponents.  No  attempt  has  been  made  to  determine  the  magnitude  of 
these  disturbances  in  this  brief  study  of  the  launcher  problem,  hewever, 
careful  attention  will  be  given  to  this  problem  before  the  sled/laimcher 
desii'n  is  finalized, 

2,7  PRCriLEM  AREAS 

2,7.1  REAR  LAOu’CK,  PQ/ER  ON  The  effect  of  the  main  rocket  motor 
on  the  aerodjTiamic  characteristics  for  sideslip  angles  between  0  and 
l£0  degrees  was  estimated  in  Section  2,Li,5.  However,  as  pointed  out 
in  that  section,  only  a  very  rough  estimate  could  be  made.  The  actual 
forces  and  moments  induced  on  the  body  are  a  function  of  both  the  rocket 
motor  characteristics  and  the  body  geometry  as  well  as  the  actual  flight 
condition.  As  was  previously  shcjwn,  the  induced  forces  and  moments  can 
be  larger  than  the  body  forces  and  moments  themselves.  Due  to  the  large 
magnitude  of  these  induced  forces,  a  thorough  examinaticn  of  all  aspects 
of  the  rocket  motor  interference  should  be  made, — 

The  effect  of  the  rocket  exhaust  on  the  rear  launch  aerodynamic  . 
characteristics  presents  an  entirely  different  problem  which,  due  to 
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the  flovr  complexity,  has  not  previously  been  pstiinai.ed,  '^’he  follovrijig 
sketch  shows  the  nature  of  the  expected  flow  field. 


The  rocket  exhaust  will  1‘lov;  back  over  the  body  .^l^crin{t  the 
aercvlvnanic  pi'operties.  Essentially,  the  missile  will  be  flji-np  in 
its  own  cxhavist.  The  exhaust  is  expected  to  blanket  the  body  v/ith  a 
layer  of  verv'  low  velocity  pas,  annlorous  to  a  very  thick  boundary 
layer.  The  tjiickneoo  and  velocity  distribution  of  this  layer  is  not 
kn.Twn  at  this  time.  However,  it  is  likely  that  no  interference  between 
the  layer  and  the  rea'-tion  jet  will  existj  i.e,,  the  thrust  produced 
by  the  reaction  jet  will  be  identical  to  that  produced  at  zero  velocity. 
It  should  be  noted  that  althouph  the  relative  velocity  beU/een  the 
missile  and  the  exhaust  pas  may  be  very  low,  it  is  still  possible  for 
forces  and  moments  to  exist  on  the  missile.  The  exhaust  flow  over 
the  missile  would,  in  effect,  create  an  entirely  new  airfoil  as  seen 
by  the  free  stream  flow.  Differential  pressures  between  the  top  and 
bottom  of  the  new  airfoil  can  be  produced.  These  static  pressures 
would  be  transmitted  essentially  unaltered  threegh  the  exhaust  flow 
field  to  the  svirfaces  of  the  vehicle  itself,  thereby  creating  forces 
and  mcments.  The  flew  separation  apparent  in  the  pewer-off  case  will 
definitely  be  altered.  Since  all  the  aerodynamic  characteristics  are 
a  function  of  the  degree  of  flow  separation,  it  is  apparent  that  entirely 
different  aerod^mamics  will  exist.  Predictions  of  the  interference 
cannot  be  made  with  any  degree  of  confidence.  Therefore,  it  is  suggested 
that  experimental  evidence  be  pained  before  rear  launch  is  attempted. 

This  program  should  be  carried  out  in  a  wind  tunnel  using  actual  rocket 
motors  if  possible^and  if  not,  cold  air  simulation. 

2,7,2  DYMAKIG  CONSIDERATIONS  An  area  which  warrants  investigation 
before  high  subsonic  speed  rear  launch  is  attempted,  is  the  possible 
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unsteady  flow  problem  caused  by  the  blunt  base.  This  problem,  however, 
is  confined  to  the  transonic  flow  regime,  and  is  not  expected  to  be 
serious  for  the  contemplated  Fl'V  launch  conditions.  As  reported  in 
References  ^,18,  5.19>  5*20,  and  as  shown  in  Section  2.1i,6,l,  leading 
edge  separation  occurs  for  the  rear  launch  position  for  transonic  Mach 
numbers.  At  positive  angles  of  attack,  the  upper  surface  is  in  a 
separated  flow  region.  As  the  angle  of  attack  is  decreased,  the  sepa¬ 
rated  flow  reattaches  and  the  opposite  side  separates.  Reference  5*21 
states  that  the  angle  at  which  reattachment  occurs  is  lower  than  that 
where  sepaiation  is  induced.  Therefore,  depending  on  whether  the  angle 
of  attack  is  increasing  or  decreasing,  two  different  normal  force  values 
may  exist  for  the  seme  angle  of  attack.  In  effect,  a  hysteresis  loop 
is  formed  in  the  normal  force  and  consequently,  the  pitching  moment 
curve.  This  effect  is  illustrated  in  the  following  sketch. 


If  the  model  oscillates  with  sufficient  amplitude  to  enclose  the  hysteres 
loop,  it  is  apparent  that  the  traverse  of  the  loop  creates  an  energy  ex¬ 
change  by  virtue  of  a  nonconservative  restoring  force  that  can  amplify 
the  motion.  Figure  2,7,1  is  taken  fi'om  Reference  5.22  and  shows  the 
qualitative  Mach  number  range  at  which  this  motion  occured  for  various  - 
model  shapes.-  Tlie  motion  is  a  function  of  the  model  goonetry  as  well 
as  the  free  stream  conditions. 

Dynamic  tests  were  not  run  during  the  PYH  WACKET  Phase  II  wind 
tunnel  tests,  Hewever,  a  violent  oscillation  was  encountered  for  the 
rear  laianch  position.  Because  of  the  oscillations,  data  could  not  be 
obtained  at  zero  angle  of  attack  and  l80  degrees  of  sideslip  in  a  Mach 
number  range  M  ■  0,75  to  0,95*  An  increase  in  angle  of  attack  to  three 
degrees  eliminated  the  oscillation  entirely.  Changing  the  yaw  angle 
from  l80  degrees  to  l6o  degrees  lessened  the  severity  of  the  oscillations 
but  did  not  in  all  cases  eliminate  it. 

Although  e’vidence  indicates  that  such  a  problem  may  exist,  it  should 
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be  noted  that  all  dlacuasidn  so  far  was  concerned  with  pa/er-off  con-  - 
ditions.  The  effect  of  the  main  rocket  exhaust  over  the  body  is  at 
this  time  unknown.  It  is  possible  that  the  pwer  on  effect  might 
alleviate  or  oven  eliminate  the  problem,  or  that  it  could  amplify  the 
oscillatjjig  motion.  It  seems  necessary,  therefore,  to  more  completely 
determine  the  extent  of  the  problem  if  rear  launches  at  transonic 
speeds  are  anticipated. 

2.7.3  DAKPINC  DERIVATIVES  To  evaluate  the  dynamic  flight  charac¬ 
teristics  of  the  PYE  WACKET,  it  is  necessary  to  know  the  longitudinal 
stability  damping  derivatives  of  the  missile.  These  derivatives  determine 
the  time  rate  of  decay  of  an  oscillating  motion  of  the  missile  caused 
by  a  flight  dlsturbnnco,  A  disturbance  from  steady-state  s ti-alght-line 
flight  conditions  induces  variations  in  missile  angle  of  attack.  These 
changes  in  angle  of  attack  give  rise  to  damping  manents  which  are  the 
result  of  aerodynamic  forces  acting  at  some  distance  from  the  center 
of  gravity.  For  the  wing-like  configuration  of  PYE  WACKET,  the  longi¬ 
tudinal  damping  derivatives  of  major  importance  are  and  C^,-, 

The  stability  derivative  C}^_  is  the  change  in  pitching  moment 
coefficient  with  varying  pitch  v^ocity.  This  derivative  is  important 
in  longitudinal  dynamics,  since  it  is  involved  in  the  damping  of  the 
short-period  pitching  mode.  The  short  period  mode  is  of  particular 
interest,  because  the  period  of  oscillation  of  this  mode  beccmes  small 
near  sonic  velocity  and  the  oscillation  is  therefore  difficult  to  control, 
A  negative  value  of  C™  increases  the  damping  of  this  mode;  consequently, 
high  negative  values  of  tM’S  derivative  are  desirable. 

The  stability  damping  derivative  C^.  is  the  change  in  pitching 
mcment  coefficient  with  variation  in  rati  of  change  of  angle  of  attack. 
This  rate  of  change  of  angle  of  attack  results  from  a  change  in  vertical 
sinking  velocity  (Z-axis)  wMle  the  forward  velocity  (X-axis)  remains 
constant.  Like  C»  ,  the  derivative  Cjni  affect-s  the  damping  of  the  short- 
period  pitching  mode.  It  is  expected  that  and  are  of  the  some 
magnitude  for  a  missile  of  the  PYE  WACKET  coniiguratim.  -Hence,  both 
should  be  considered  for  design  studies, 

2.8  PROWrYPE  CONSIDERATIONS 

The  primary  investigation  of  the  Phase  II  study  was  directed 
toward  the  FTV  configuration  and  its  expected  flight  conditions. 

Emphasis  was  rlaced  on  the  determination  of  aerodynamic  characteristics 
for  subsonic  omnidirectional  launch  at  sea  level  altitude.  Although 
the  prototype  configuration  differs  slightly  and  the  flight  conditions 
differ  greatly,  data  were  obtained  which  are  applicable  to  the  21  per 
cent  thick  prototype  and  its  flight  regime.  Some  data  apply  directly 
and  seme  will  have  to  be  modified  slightly  for  prototype  applications. 
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Application  of  current  data  is  more  difficult  to  apply  to  the  lii  per 
cent  thick  prototype  confipuratibn.  Good  esti^^ates  inay  be  made  at 
supersonic  speeds  for  the  normal  force,  pitching  mcnent,  and  drag  for 
the  forward  launch.  However,  the  aerodynamic  characteristics  at  large 
sideslip  angles  cannot  be  predicted  with  the  same  degree  of  accuracy. 

The  subsonic  aerodynamic  characteristics  also  cannot  be  mtirely  gained 
from  present  data.  Flow  separation,  which  is  evident  in  many  cases  for 
the  FTV  configuration,  is  a  strong  function  of  model  geometry.  Therefore, 
the  111  per  cent  thick  prototype  configuration  may  have  a  different  degree 
of  separation  rendering  accurate  aerodynamic  predictiens  impossible. 

The  PIE  WACKET  concept  displays  its  greatest  effectiveness  at 
high  altitudes  and  veloeitips.  The  incorporation  of  reacti-\n  ,iet  controls 
allows  PYE  WACKET  t.-  opera 'c  at  altitudes  where  aerodynamic  controls  are 
ineffective.  Hie  Fea;.'bilitj  Test  Vehicles,  on  the  other  hand,  are  to 
be  tested  lander  conditions  which  are  most  stringent.  The  proposed 
flights  from  a  rocket  sled  encompass  flight  conditions  near  sea  level 
■with  a  maximum  velocity  in  the  vicinity  of  M  “  2,0,  It  was  pointed 
out  that  these  flight  conditions  were  dictated  by  the  use  of  off-the- 
shelf  components  in  the  fabrication  of  the  FTV  veJ'.iclcs.  Although  high 
I'ach  numbers  cannot  be  reached  with  the  proposed  FTV  rocket  motors,  the 
lew  altitude  restriction  imposes  extremely  high  forces  and  moments  on 
the  missile.  Using  the  very  conservative  assumption  thjt  the  aerodynamic 
coefficients  arc  constant  with  htach  number,  the  forces  and  moments  become 
a  direct  function  of  the  dymardc  pressure.  Figure  2,8,1  shows  the  vari¬ 
ation  of  dyiiardc  pressure  with  Mach  number  and  altitude,  Examinaticn 
of  this  plot  shows  that  a  Mach  number  of  2  at  sea  level  is  equi’/aleht 
to  Mach  numbers  of  3*7,  7,5  and  15. at  3o),000  ,  60,000,  and  90,000  feet 
altitude,  respectively. 


Figure  2,8.2  presents  the  launch  Mach,  number  ram  e  of  Figure  2.6.1 
exromded  to  a  larger  scale.  From  this  plot,  the  severity'  of  the  launch 
conditions  is  clearly  shown.  A  sea  level  launch  at  a  Mach  number  of  0,6 
produces  forces  and  notnents  approximately  equivalent  to  launching  at 
hiach  numbers  of  1.1,  2.2,  and  ii,5  at  30,000,  60,000,  and  90,000  feet 
altitude,  respectivelyr.  It  is  evident  from  these  plots  that  the  anti¬ 
cipated  launch  cenditens  for  the  FTV  ccnfimm'ation  sim.ulate  much  higher 
lav.nch  Mach  numbers  at  altitudes  v.'here  the  PYE  V.AG.KET  prototype  is  ex¬ 
pected  to  be  operational.  In  fact,  the  FTV  launchinrs  will  impose 
higher  forces  and  mcr.ents  than  the  operational  PYE  WACKrT  will  likely' 
experience. 


Rear  launch  from  current  bomber  aircraft  may’  pro'.'C  to  be  a  prcfclsri 
as  pointed  out  in  Section  2.7.2.  The  anticipated  launch  Mach  r.u.-bsr 
of  0.8  may  be  critical  iroa  a  dynamic  instability  standpoi.'it 
proof  of  dynamic  instaoility'  does  net  ,c:cist,  indications  are 


nresent. 


If  io  does  prove  to  be  a  serious  proble.'n,  at  least  two  ccrrecui 
m.ethods  may'  be  em.plcy'ed.  The  effect  of  the  main  rocket  exoaust 
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body  aerodynamic  characteristics  could  minimize  or  even  eliminate  the 
problem,  this  can  be  proved,  a  ptwer-on  launchinp  method  may  be 
de\ised  similar  to  conventional  air-to-air  missiles.  It  may  be  recalled 
that  a  power-off  launch  was  proposed  in  Phase  I,  If  a  power-on  launch 
is  not  possible,  another  method  of  eliminatinp  the  dynamic  problem  shows 
promise.  As  pointed  out  in  Section  2.7.2,  the  cause  of  the  dynamic 
stability  is  asynmetrtc  flow  separation.  If  the  flow  remains  attached, 
no  serious  problems  should  exist.  A  method  of  preventinp  flew  separation 
can  be  accomplished  by  using  guide  vanes  as  illustrated  in  the  following 
sketch. 


SEPARATEID  PLOW 


attached  flow 


WITHOUT  GUIDE  VANES 


WITH  GUIDE  VANES 


Reference  23  shows  Uint  applicaUoa  oi  g'^ido  vanes  greatly  reebices  the 
drag  of  a  blunt  body  by  reducing  separation.  As  a  point  of  interest, 
the  (ruido  vanes  also  reduce  the  base  drag  in  forward  flight.  However, 
this  drag  reduction  nay  be  lost  because  of  the  induced  drag  of  the  vanes. 
The  major  advantage  to  be  rained  by  the  use  of  guide  vanes  on  the  PYE 
WACKET  configuration  should  be  elimination  of  the  d^\Tiamic  instability  ■ 
problem  through  prevfTition  of  ilow  separation  in  the  rear  launch  attitude. 
The  guide  vanes  could  aLso  eliminate  the  negative  normal  force  and  pitching 
moment  i.hat  occurs  at  lovr  anrles  of  attack.  An  ex];crlmental  investigation 
would  have  to  '’p  pmriuoted  to  comiTetely  evaluate  the  effects  of  the 
guide  vanes. 


Launching  from  a  supersonic  bomber  might  cause  the  same  dynamic 
instability  since  the  missile  must  still  pass  tiirough  tiia  transonic  flow- 
regime.  However,  the  main  rockets  will  be  firing  at  this  condition  and 
may  elLmir.ate  the  proble-m.  If  this  is  not  the  case,  a  method  such  as 
the  pre’/iously  discussed  guide  vanes  may  be  employed. 


ircr,  an  aircraft  presents  a  somewhat  different 

<?*!  a  A  1  a  M  n  r*K 


enditior. 
will  oa 


'  in  c  n  i ! 

tr^n  fren  a  rocket  sled.  For  the  FT.''  sled  la-onch,  the  mss 
mounted  well  above  the  sled  to  minimise  the  -induced  flow  angularities 
frcjT!  the  sled.  This  will  not  be  possible  for  an  aircraft  launch.  The 
missile  must  fly  t'nrcugh  the  induced  flow  field  to  clear  the  launch 
aircraft.  This  condition  cannot.be  thorcurhly  investigated  until  the 
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type  of  launching  aircraft  is  selected.  Reference  may  be  made  to  a 
general  description  of  the  problem  presented  in  the  Phase  I  Feasibility 
Sx,udy,  Reference's.^-. 


Inherent  in  many  of  the  possible  prototype  guidance  systems  is  the 
necessity  of  adding  a  radome  or  IR  seeker  to  the  basic  configuration. 

To  assess  the  aerodymanic  effect  of  such  an  alteration,  a  protuberance 
of  the  size  and  shape  shewn  below  was  attached  to  a  wind-tunnel  model 
for  tests  as  the  two  supersonic  Mach  numbers,  l.S  and  3*0. 


The  results  of  the  test  show  that  the  normal  force  and  pitch  mcment 
at  zero  sideslip  angle  are  not  significantly  changed  from  the  basic  values 
shown  previously.  At  H  -  1.5,  the  seeker  produces  a  small  posi.ive  norral 
force  at  all  angles  of  attack.  The  pitching  moment  contribution,  however, 
is  slightly  negative  at  low  angles  of  attack  and  positive  at  high  angles 
of  attack.  At  M.  »  3.0,  tne  seeker  produces  no  normal  force  and  a  very 
small  negative'  pitching  nanent.  The  overall  effect  is  an  approximate 
five  per  cent  reduction  of  the  basic  pitching  moment. 

The  effect  of  the  seeker  on  the  axial  drag  is  more  significant  than 
that  on  the  normal  force  and  pitching  mcment.  At  zero  sideslip  angle, 
the  s^^eker  increases  the  axial  drag  by  approximately  five  and  ten  per 
cent  at  Mach  1.5  and  3.0,  r-'spectivcly.  Tills  increase  is  approximately 
constant  for  angles  of  attack  up  to  15  degrees,  the  miiximum  tested. 

The  most  predominant  effect  of  the  soi'krr  on  the  aerodynamic  character 
istics  occurs  in  the  yawing  mcment.  At  M  =  1.5,  the  basic  yawing  mortent 
about  the  c.g.  located  at  the  midchord  remains  stabilizing,  but  is  re¬ 
duced  by  approximately  one  half  at  angles  of  sideslip  up  to  15  degrees. 

At  -M  -  3.0,  the  confiraration  with  the  seeker  is  unstable  about  the  mid¬ 
chord  c.g,  This  instability  is  of  the  same  order  of  magriitude  as  the 
stfihility  of  the  configuration  without  the  seeker.  However,  this  de- 
stabilizinr  effect  a'o out  the  0.5  C  cencer-of-gravlty  location  is  not  a 
significant  problem  because  it  is  low  in  magnitude  and  because  it  is 
ccruntered  by  the  stabilizing  effect  resulting  from  the  Q.'bl  C  center- 
of-gravity  Iccation  for- the  Ff'/. 
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Section  3.0 
CONCU-SICJiS 


During  the  course  of  the  VvACKET  Phase  II  studj’’,  a  large  amount 
of  data  was  obtained  pertaining  to  omnidirectional launch.  Data  appli¬ 
cable  to  forward  flight  up  to  a  Kach  number  of  5  were  also  obtained. 
Reaction  jet  magnification  factors  were  deteiTnined  for  the  sane  condi¬ 
tions.  From  these  data,  no  major  aerodynamic  problems  were  apparent 
which  would  imperil  a  forward  launch  from  a  rocket  sled.  Assuming  a 
clean  separation  of  the  missile  from  the  sled,  the  critical  Kach  num¬ 
ber  from  the  standpoint  of  the  conrrol  system  is  1.2.  At  this  F?ach 
number,  2.1  degrees  angle  of  attack  can  be  ccntrolled  with  500  pound 
thrust  reaction  jets,  assuming  no  jet  'magnification.  However,  the 
maxlmim  positive  jet  magnification  occurs  at  the  same  Kiach  number 
and  may  alleviate  the  critical  area.  Since  no  other  problems  are 
appai'cnt,  it  can  he  concluded  fron  an  aerodj/Tiamic  standpoint  that 
forv/ard  launcb.es  from  a  rocket  sled  can.be  accompli.shed. 

Crosspwind  and  rear  lannchos  are  unique  concepts  and  as  a  r.esiilt, 
require  a  tier e  exten.sive  study  program  than  is  normally  required, 

A]  though  a  ccr.prehencive  study  program  wa.s  ccnpleted  in  the  Phase  II 
pi'ogcct,  a  ccmplcte  analysis  of  ail  aspects  of  the  launching  problems 
wa.s  not  possible.  A  few  unknov.ns,  such  as  the  e^ract  effect  of  the 
main  rocket  motors  on  the  aerochnamic  characteristics  and  the  stabi¬ 
lity  damping  derivatives,  require  aiiditinnal  an.alysis  prior  to  cross- 
wind  and  aft  rockct-slcd  launches  to  ’jumre  the  greatest  probability 
of  success. 
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Section  li.O 
RECn-3®JDATiaJS 


All  aspect?  related  to  a  rocket  sled  lannch  could  not  be  analyzed 
in  this  study  phase.  However,  all  critical  areas  were  ora-nined  to  the 
extent  of  available  data.  The  follrvln^  recommendations,  therefore 
are  based  on  the  assumption  that  all  foreseeable  aspects  of  the  rocket 
sled  launch  will  he  analyr.ed  before  a  launch  is  scheduled. 

1.  Sjx-conponent  force,  data  should  he  obtained  with  the  main 
rocket  not<'r,  and  pitef-  and  jtiw  reaction,  jet.s  simulated.  A 
fairly  complic.atod  vrind  ttinr.ol  .model  would  be  required  in 
wiiich  inter.a'’tif)ns  between  the  iviph  pressure  air  lines  and 
the  force  b.al.ance  wculd  be  eliminated.  The  desired  Mach 
number  rarpe  i.s  between  0  and  1,  Primary  emphasi.?  would  be 
I'laced  on  the  r.'ar  and  .side  launch  nedel  attitudes.  If 
posuibie,  t.his  test  .shou’ld  include  tr.ansicnt  effect.?  caused 
by  the  julsntinr  re.'ction  .iot.s. 

■  2.  T  the  I  over- on  yawinp  mcment  from  the  above  test  is  foQnd  to 
be  hirher  than  •-•xpected,  m.etho'ls  for  reducing  the  moment 
may  he  in  vest;  rated.  As  shev.-n  in  Section  2,h,5.?,  the  pcr.’cr- 

-  cn  yawinp  mr^-ont  is  a  function  of  the  b.nse  peometr.y, 

the  .slot  in  tho  ba.se.  The  base  pcanet;y  c.iii  be  altered  to 
prodtice  any  de.sired  .vawinr  moment  consistent  with  the  varying 
conditions  of  ■'lipht. 

3.  A  djTa-ic  test  should  be  c<-'nducted  to  determine  the  sta.bility 
dampinp  derivatives.  Forv;ard  launch  sl'.ould  be  studied  at 
Mach  nu.mbers  up  to  2.  Only  subscnic  speeds  need  be  tested  for 
crrs.s-v.'ind  a.nd  rear  launch.  Smp;hasi.s  would  be  placed  cn  the 
rear  launch  pcr.iticn  tc  deterriine  at  what  Mach  number,  if  any, 
d;/namic  in.stahility  occurs. 

1;.  If  d;,Tiamic  instability  is  apparent,  .metb.ods  such  as  njide 
shc-ild  s t x»c  ‘c’liniri?  Drobl^n, 

S,  The  missile  should  be  t‘=stud  in  thu;  vicinity  of  a  replica 

rocket  sled  to  determine  '.he  ex'.ent  of  forces  induced  on  the 
missile.  These  forces  arise  as  a  result  of  the  rocket  sled 
ri'ow  field  and  .must  be  cem^rr’inpd  t,  define  the  initial 
laiuirh  conditiens. 
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6.0  SURFACE  PRESSURE  lNTEGRj\Tiai  IZniOD  A  rmricriCc-.!  intecra- 
ticn  tecfiniquo  fcr  uae  on  digital  con].uters  was  developed  to  obtain 
the  aerod.’.rianic  force  and  noincnt  coefficients  acting  on  the  nissile 
as  a  result  of  the  surface  pressures.  These  surface  pressures  were  ob¬ 
tained  fren  vind  tunnel  tests.  The  basis  for  the  nethod  of  integra¬ 
tion  cenrams  averaging  the  pressures  over  a  given  area  and  adding 
the  incror.cn tal  force  and  metnents  found  fron  the  average  pres.siires. 
Although  other  techniftues  were  considered,  they  were  di.'^carded  be¬ 
cause  cf  the  tire  and/or  cost  factors.  Tne  average  pressure  rethod 
was  fairly  easy  to  p r or r.'in  on  a  digital  cerputer,  and  Ituil  itself 
well  to  the  tunnel  data  .dwindling  systen.';. 

In  the  alculatjf'n  of  the;  aeroijT.anic  coefficients,  it  is 
necessary  to  obtain  the  average  pressure  acting  over  a  given  ai'ea. 

These  area  sccticns  arc  detennined  by  dividing  th.c  i.issiie  planfcm 
area,  S,  into  tri.'ngulnr  ccctcrs  ’^ith  pressure  j  orts  at  the  three 
vertices  of  each  area,  'llic  average  pressure  over  each  :  riangle  is 
taken  ec'.;rl  to  cne  t'ird  of  the  sun  of  the  t.hj-ve  vc.i-tex  pressures. 

It  can  be  s'=-en  that  the  contribution  of  each  ncasui'cd  j  resruro  to  the 
to.tal  force  on  the  missile  is  equal  to  the  i>rcssure  .’•.ultiiill  ed  by  one 
third  of  the  area  of  the  triangle.  If  a  pressure  ;.crt  is  at  tlie  vertex 
of  a  n’.ir.her  of  trianpilar  areas,  the  tod'l  contribution  cf  the  pressure 
to  the  load  is  the  .ressure  multiplied  by  cn^'  third  cf  the  siua  of  the 
ar^as  of  the  adjacent  tilangles.  In  ord'^-r  to  find  the  .moments  on  the 
missile,  the  pressures  are  .multiplied  by  cr.c  tliird  of  the  siun  of  the 
products  cf  the  area  of  each  triangle  times  i  i-s  moment  arm  fro.m.  the 
center  cf  pre.siu-e  for  the  area  to  a  reference  avis.  For  the  example 
shewn  bale.:,  the  follcwinf;  fonnula-e  aj.'P'ly  to  the  pressure  at  the  center 
pert.  \ 


6.1 

SECRET 


SECRET 


BEFEIREIMCE  AXIS 


'  S*  > 


■ING  VALUES 


SECRET 


Surnnati  cn  of  the  incremental  forces  and  moments  obtained  in  the 
above  manner  for  each  pressure  port  yields  the  total  values  affecting  — 
the  missile.  The  pressure  multiplication  factors  are  constants  and'' 
v;ere  calculated  for  each  pressure  port.  These  constants  were  used  in 
a  digital  computer  for  the  numerical  integration  of  the  pressure  data. 

6.2  ECUATIGN  FOR  LEVEL  FLL  HT  TRAJECTORIES  The  derivation  of 
the  closed  form  equations  of  velocity  as  a  function  of  time  are  presented 
in  this  section.  The  derivation  of  the  equations  are  given  for  both  the 
boost  phase  and  coast  phase  of  flight, .  A  sketch  of  the  forces  acting 
on  the  m.issrle  is  as  follows: 


P'orr. t  }  i:.'ise 

Summation  of  forces  alcng  the  longitudinal  axis  are. 


7"-  ^  -  A/ 


'S'/xVcC 


L>  = 
3 


c/k' 

T  ^ 


<  t  'i  a  > 


Fcr  I'Cvel  flight,  at  sea  level  conciitions,  the  required  angle  cf  attsek 
ranges  from  3  fiegi  ees  at  M  =  C.l;  to  less  than  0.1  degree  at  M  =  2  .h  for 
“3=  '  1?F  ih-T  (Fipjre  2,?, 5).  At  launch  Mach  numbers  of  O.Ic  and- 

er.e  "vernge  trim  angle  of  attack  will  be  in  'he  neighborhoed  of 
I  g’.egr'c  or  less.  Consequentlv,  the  deceleration  tem  of  W  sin  cc  is 
n^-giect.r'd,  rnunticn  (l)  then  beccnies,. 
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vhcre  ’«'■  =  weipht  at  nny  tiirp,  t, 

(V  =  i 

Wq  »  full  weifht,  lb, 

Vg  =  enpty  woipht  at  end  of  boost,  lb, 
t-j  “  burr.inr  tire,  seconds,  and  - 

A 

then  .v:ial  dm/*  ‘n  the  lineari~ed  foiTr,  becomes, 

A  ^  j^S a  (li  ^  l^)  + 

where  a  .-.’rd  o  .-ire  :.h(  slope  ami  int.erecpt,  resrecti vely,  of  th«.' 
etieri  k'pS  verm:;:  volerity.  '  Siibst-itiitinp  the  exTrossions  for 
r  •-•rd  •..-e;  r-lit  ;nto  Km."  ti  on  (f)  t}:-;  oi’nuitif'tt  heerres 


r- 


[aS'o.  {  ^  -h/’ 


(0.2.3) 


interretin;*  Eeiipii  on  (3),  the  tots!  velocity 


S',?  t-^c 


Since  tlie  weipht  of  the  reaction  control  pet  feel  is  sr.oJ.l  in  relati 
to  the  br.racut  weipl'it  of  the  missile,  a  close  arproxirintii’'P  of  the 
velocity  nay  be  obtained  by  averarinp  the  veiplit  (V.'p)  over  the  coast 
phase  of  flipht.  Equation  (^)  then  berenes. 
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